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ABSTRACT 

 
This research effort sought to examine the performance potential of a dual-expander 

cycle liquid oxygen-hydrogen engine with a conventional bell nozzle geometry. The analysis 

was performed using the NASA Numerical Propulsion System Simulation (NPSS) software to 

develop a full steady-state model of the engine concept. Validation for the theoretical engine 

model was completed using the same methodology to build a steady-state model of an RL10A-3-

3A single expander cycle rocket engine with corroborating data from a similar modeling project 

performed at the NASA Glenn Research Center. Previous research performed at NASA and the 

Air Force Institute of Technology (AFIT) has identified the potential of dual-expander cycle 

technology to specifically improve the efficiency and capability of upper-stage liquid rocket 

engines. Dual-expander cycles also eliminate critical failure modes and design limitations 

present for single-expander cycle engines. This research seeks to identify potential LOX 

Expander Cycle (LEC) engine designs that exceed the performance of the current state of the art 

RL10B-2 engine flown on Centaur upper-stages.  

Results of this research found that the LEC engine concept achieved a 21.2% increase in 

engine thrust with a decrease in engine length and diameter of 52.0% and 15.8% respectively 

compared to the RL10B-2 engine. A 5.89% increase in vacuum specific impulse was also 

observed. The implications of these results could lead to significant launch cost savings and 

replacement of aging expander cycle technology in the rocket propulsion industry. 
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In order to fully validate the results of this research, more knowledge is required 

regarding the heat transfer characteristics of supercritical oxygen for rocket thrust chamber 

cooling. Future work in this topic will focus on experimental LOX heat transfer research and 

model optimization to improve heat transfer estimations in the baseline model developed in this 

research and further explore the optimal performance potential and limitations of the LEC 

engine. 
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1 INTRODUCTION 

 
 This section provides an overview of the key concepts that will be discussed in depth in 

later sections of this thesis. The motivation behind the research project is discussed along with 

the problem statement. Finally, a brief summary of the remaining sections of the paper is given 

in section 1.5. 

1.1 Research Motivation and Concept Overview 

 
Cost efficiency is a primary design driver for modern rocket engines. However, upper-

stage rocket engines used by the United States today continue to rely upon technology developed 

in the early 1960s. Specifically, the RL10B-2 engine, used for Atlas and Delta rocket Centaur 

upper-stages, operates using a single-expander cycle in which fuel is used as the sole working 

fluid in regenerative cooling and drives a single turbine that provides power to both the fuel and 

oxidizer turbopumps. Using the fuel to run the entire cycle leads to limitations in performance by 

reducing the maximum achievable chamber pressure. A lower chamber pressure leads to larger 

nozzle geometry and a necessarily heavier nozzle. An increase in nozzle weight decreases the 

weight of payload that can be carried to orbit. With the average cost per pound of payload for 

medium launches at ~$5,000 as of 200314, increases in nozzle weight very quickly translate to 

low launch cost efficiency.  

For expander cycle engines, the maximum size and thrust of the engine are limited by the 

amount of energy (heat) that can be absorbed by coolant from the combustion chamber during 

operation. The energy absorbed is used to drive the turbine that, in turn, provides power to the 
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turbopumps as depicted in Fig. 1.1. Increasing desired thrust means increasing the mass flow 

rate.  The mass flow rate can be increased by increasing throat area (making the engine heavier) 

or by increasing chamber pressure. Increasing the chamber pressure is preferred because the 

overall engine weight can be minimized for a given thrust level. To increase chamber pressure, 

more power is required by the turbopumps, and thus, more heat extraction is required by the 

coolant to run the turbine. This increase in heat extraction requires an increase in the surface area 

of the cooled region of the nozzle. However, increasing the cooled area also increases the 

pressure drop across the regenerative cooling jacket. Eventually, the increasing pressure loss in 

the cooling jacket will limit the power to the pump due to either limitations in available cooling 

surface area or pump pressure rise.  

 

Fig. 1.1 Single-Expander Cycle 
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In addition to these limitations of the single-expander cycle, the use of a fuel-powered 

oxidizer turbine (purple in Fig. 1.1) introduces a critical failure mode. Leakages between the 

turbine and pump flow can and have occurred allowing the oxidizer and fuel to mix. This early 

mixing of the oxidizer and fuel tends to cause early ignition and, eventually, a catastrophic event. 

Highly complicated purge seals have been employed to prevent such a leak, but the seals add 

weight, cost, and complexity to the engine. 

Rather than using a single turbine to drive both the fuel and the oxidizer turbopumps, 

dual-expander cycles employ a separate, independent cycle (depicted in Fig. 1.2). One cycle 

employs the fuel as the working fluid, as in the single-expander cycle, but the key difference is 

the use of the oxidizer (typically liquid oxygen [LOX]) as the working fluid for the oxidizer 

expansion cycle. Potential disadvantages using LOX as a working fluid have been identified that 

could cause performance reductions for the dual expander cycle engine. These potential 

disadvantages are discussed in detail in chapter 2. 

 

Fig. 1.2 Dual-Expander Cycle 
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Separating the typical single-expander cycle into two cycles for the fuel and LOX has 

several foreseeable advantages: 

1. Reduction in horsepower required by the fuel turbopump 

2. Significantly higher achievable chamber pressures for a given turbopump power 

3. Elimination of the critical failure mode resulting from a leakage in the inter-propellant 

purge seal  

For the dual-expander cycle, the turbine does not have to run both the fuel and LOX 

turbopumps and does not incur as great of a pressure loss across the cooling jacket since less 

energy extraction is required to run the cycle. The elimination of the purge seal normally 

required in single-expander cycles when the fuel is used to power the oxidizer turbopump saves 

both weight and complexity in the design in addition to eliminating the critical failure mode.  

Employing two turbines for the two expansion cycles reduces the required turbopump 

horsepower and makes higher chamber pressures possible. The increase in chamber pressures 

reduces the mass of the engine to an extent. Reducing the mass of the engine increases the mass 

of payload. Additionally, the reduction in the size of the combustion chamber allows the 

expansion ratio to be increased with a smaller engine weight increase than with single-expander 

cycles. The advantage of increasing expansion ratio while maintaining the same design thrust 

envelope may be reflected as an increase in specific impulse. Previous studies focusing on the 

Dual-Expander Aerospike Nozzle (DEAN) have shown increases in specific impulse of at least 

16 seconds or 3.4%18, which translates to an increase of 589 lbm for the payload (1.4% increase 

in payload mass for the Atlas V launch vehicle)2. This increased payload capability yields a cost 

savings of $3.2 million considering 1993 dollar values and the launch cost efficiency of the Atlas 

V25. Similar increases in performance are expected in this research for a bell nozzle. Small 
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increases in engine weight over the single expander cycle may be expected from the contribution 

of adding additional turbomachinery to the engine for the dual expander cycle. However, this 

weight addition is relatively insignificant considering the sensitivity of thrust chamber size (and 

therefore mass) to changes in throat area and expansion ratio as will be addressed in chapter 4. 

1.2 Problem Statement 

 
It is desired that the dual expander engine design developed by this research effort exhibit 

performance increases sufficient to make the engine a viable candidate for replacement of the 

modern RL10B-2 Atlas V and Delta IV upper-stage engine. Table 1.1 summarizes the engine 

performance requirements necessary to achieve this goal and pertinent to determining the LEC 

engine design point in the research.  

Table 1.1 Engine Design Requirements 

Design Parameter(s) Requirement 
Gross Thrust (FPL) 30,000 lbf 
O/F Ratio 5.88 desired at FPL 
Isp > 465.5 s 
Engine Size (l x w)* 90’’ x 75’’ (w < 57’’ desired) 
Propellants  LH2 and LO2 

        *engine weight dependent performance was not examined in the research 

 
The required design point thrust at FPL is 30,000 lbf. The O/F ratio at FPL is fixed at 

5.88 based on the FPL O/F of the RL10B-2. Engine weight was not directly considered in this 

analysis. Probable compliance with engine thrust-to-weight ratio (T/W) stipulations will be 

measured on the basis of engine size and minimization of the critical performance parameters 

such as L*, Isp, and expansion ratio that directly affect engine size and weight. The performance 

requirements listed in Table 1.1 are also consistent with interests expressed by NASA and the 

Air Force Space and Missile Systems Center for increases in propulsion performance and 
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replacement of RL10 technology as part of the Evolved Expendable Launch Vehicle (EELV) 

program5. 

1.3 Research Objectives 

 
The key objectives of this research focus on the LOX expander cycle and include: 

1. Demonstrating the feasibility and capabilities of a dual-expander cycle engine 

through a system power balance 

2. Validating the power balance model using RL10 data and NASA LOX cooling 

data from the 1970s and 80s 

3. Achieve design requirements based on RL10B-2 performance and the goals of the 

Air Force and NASA EELV program and compare with RL-10B-2  

The simulation architecture benefits from previous research efforts by following a similar 

approach. Initially, the engine is parametrically modeled48. Numerical Propulsion System 

Simulation (NPSS) was used to demonstrate initial estimates for key parameters and calculation 

of fluid Mach numbers in the cooling channels. NPSS is a modular simulation environment 

developed by NASA that provides the research building blocks connecting the physics of the 

rocket engine (i.e. heat transfer coefficient of LOX) to form an engine simulation model. 

Research performed by Martin modeled a dual-expander engine in NPSS using elements to 

simulate the various components of the aerospike nozzle engine28. The simulation model used by 

Martin was modified to work with the geometry of a bell nozzle. The ability to develop a 

parametric model with the required fidelity, flexibility, and reliability is essential for conceptual 

design studies of new rocket engine architectures.   

One of the desired goals of this research was to develop a model with the ability to 

function over a wide range of input values for the identified independent parameters (i.e. 
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characteristic length, nozzle expansion ratio, etc.). In NPSS, independent variables and 

component outputs form the set of user specified responses or response variables. The design 

variables include the user specified dependent variables and the component inputs (for example 

the volume of the combustion chamber and the nozzle expansion ratio). The response variables 

include the user specified independent variables (i.e. the efficiencies of the first liquid hydrogen 

pump and of the liquid oxygen pump) and the component outputs (for example the vacuum 

thrust and Isp). Identifying the design and response variables was paramount to successfully 

building a reliable simulation50.  

1.4 Document Overview 

 
The remainder of the discussion of this research effort is organized in chapters 2 through 

5. Chapter 2 discusses the fundamentals and history of liquid rocket propulsion. An in-depth 

description of rocket design methodology and rocket engine subsystems is provided along with a 

discussion of the LEC engine architecture and challenges facing the use of LOX as a working 

fluid. Chapter 3 is devoted to discussing the methodology in modeling and validating the LEC 

engine using NPSS. The full details of the RL10A-3-3A validation models will be discussed at 

the beginning of chapter 3. Chapter 4 provides the results of the NPSS modeling efforts. The 

details of the parametric analysis results and comparison with RL10B-2 performance parameters 

are provided. Chapter 5 will summarize the conclusions of the research drawn from the results 

discussed in chapter 4. This final section will also provide recommendations for future 

researchers who wish to continue the work discussed in the project. 
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2 BACKGROUND AND PREVIOUS RESEARCH 

 
 This section provides a brief overview of liquid rocket propulsion. The design of liquid 

rocket propulsion systems will be discussed as well as the theory behind the design of the sub-

components of these engines. The key engine cycles important to this research will be discussed 

in depth along with the architecture of the LEC engine. An overview of the modeling software 

NPSS will also be given before a discussion of the demand for new engine technology and the 

risks of working with LOX in an expander cycle. Most of the equations introduced in this section 

are built-in to the NPSS software and are actively used by the solver in the model power balance 

when converging to a solution. In some cases, particularly for the LEC engine, it was necessary 

for these equations to be implemented by the user in NPSS input files to establish the initial 

guess for the solver to begin iterations. The NPSS solver process is discussed in further detail in 

chapter 3. 

2.1 Demand and Cost Implications for Improvement of LRPS 

 
Upper-stage LRPS engine technology has not changed much since its development in the 

1960s. Longstanding LH2/LO2 expander cycle engines of this class are still in use today 

including the RL10, used for the Atlas V and Delta IV launch vehicles, and the J-2X, which has 

been slated for use on the SLS upper-stage. Current RL10 and J-2X engines do not deviate from 

their original model engine cycles (i.e. the major components of the cycles and the stages in 

which events occur have not changed). The latest models’ increases in performance are due 

primarily to advancements in materials science and in turbomachinery performance. At its 
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current state, simple expander cycle engine performance is nearing the extent of its potential. In 

order to achieve significant leaps in performance, new engine cycle variations must be explored 

such as the dual-expander concept examined by this research. It is in the interests of NASA and 

the U.S Air Force5 to work with industry and academic research groups to develop new engine 

concepts to replace its aging RL10 and J2X engines. Successful engine concepts with superior 

performance will then be critical for enhancing the mission capabilities of EELVs such as the 

SLS currently under development by NASA and members of industry.  

Cost Implications  

 Launching rockets has historically been, and remains, a very expensive endeavor. As of 

2003, the average launch cost/lb of payload in the U.S for small, medium, and heavy launches 

was $8,445, $4,994, and $4,440 respectively14. Recently, some members of industry such as 

SpaceX, Blue Origin, and now ULA have revisited the concept of launch vehicle reusability that 

was originally attempted with NASA’s shuttle program, only now applied to conventional rocket 

(wingless) design. If these efforts prove successful, it could redefine the way that cost savings 

are achieved for launches. The full magnitude and scope of the success of these developing 

programs, however, still remain to be seen. NASA discovered through its shuttle program that 

reusability in rocketry is significantly less feasible than at first predicted from a cost standpoint 

when considering the extremely high quality and safety standards that must be met in order to 

qualify the launch vehicle for another crewed launch. Additionally, launch vehicle performance 

and payload capacity are negatively affected through the additional structural safety factors (and 

thus weight) applied to structural components to survive the multiple loading cycles required for 

reusability. The cost efficiency of launch vehicles serves as a good factor of comparison as 

depicted in Table 2.1. 
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Table 2.1 Cost Efficiency Comparison of Several Launch Vehicles25 

Vehicle Launch Cost 
 [$M] 

Payload Capacity 
 [lbm] 

Cost Efficiency 
 [$/lbm] 

Delta 117920 45.0 - 50.0* 11,110 4,275* 
Atlas IIA 80.0 - 90.0* 15,700 5,414* 
Titan IV 170.0 - 230.0* 39,000 5,128* 

8,352* Space Shuttle 350.0 - 547.0* 53,700 
Atlas V 225 (avg) 41,470 5,426 
Delta IV 350 (avg) 63,450 5,516 
Falcon 9 61 (avg) 28,990 2,104 
*costs in 1993 dollars 

 
Due to the relative cost inefficiency of reusable launch vehicles (at least for the space 

shuttle), NASA has chosen to focus instead on the development of expendable launch vehicles to 

boost payload capacity, orbit insertion capability, and cost. For these expendable vehicles, the 

only way to achieve significant increases in cost efficiency is to reduce the dry weight of the 

rocket structure. For each 1 pound decrease in rocket dry weight, 1 additional pound of payload 

may be carried without altering the mission (same vehicle T/W), which quickly leads to huge 

cost savings considering the average cost efficiencies stated previously. The engine weight 

represents a significant portion of the launch vehicle inert weight, which is typically ~14% of the 

total weight56. Of paramount importance to Liquid Rocket Propulsion System (LRPS) design 

engineers is minimizing the inert engine mass, thereby increasing the payload cost and, 

accordingly, the launch cost efficiency. This is the key driver behind the EELV program and the 

investigations of this research effort into the dual-expander cycle. The potential increase in 

performance of the LEC engine will be discussed in further detail in a later section.  
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2.2 Liquid Rocket Propulsion 

 
Liquid rocket propulsion is the most popular form of rocket propulsion due to the high 

performance, control, and efficiency that may be achieved when compared with solid rockets or 

the current capabilities of hybrid rocket engines. LRPSs, however, are also the most complicated 

of the propulsion methods in terms of design due to the interdependence of the various 

subsystems of a liquid rocket engine. This section will provide an overview of the design 

essentials of an LRPS and the physics behind LRPS operation. 

2.2.1 LRPS Design 

 
 Liquid rocket propulsion systems consist of several primary subsystems, the propellant 

storage tanks (oxidizer and fuel), the propellant feed system and turbomachinery, the 

regenerative cooling jacket (for expander cycles), and the rocket thrust chamber (depicted in Fig. 

2.1 below). The feed lines, regenerative cooling jacket, and turbopumps serve to increase the 

pressure and energy stored by the propellants before delivering them to the combustion chamber 

to be combusted and expanded out of the engine nozzle to generate thrust. 

 

Fig. 2.1 Basic LRPS 
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Thrust 

 In a liquid rocket engine, thrust is developed primarily through an exchange of 

momentum, mV, of the propellants in accordance with Newton’s third law.  

 𝐹 = 𝑚𝑉! + 𝑃! − 𝑃! 𝐴! (2.1) 

 Equation 2.1 may be further explained by considering a control volume that encompasses 

the thrust chamber as depicted in Fig. 2.2 below. Assuming the velocity of the propellants as 

they enter the control volume is approximately zero, the net force acting on the rocket thrust 

chamber after summing the contributions of propellant momentum entering and exiting the 

control volume is found to be solely dependent on the momentum flux of the combusted 

propellants exiting the nozzle. It may also be seen that a relatively small component of the thrust 

is also dependent on the pressure imbalance existing between the static pressure of the flow and 

the nozzle exit boundary and the ambient pressure of the atmosphere. Looking again at the thrust 

given by Eq. 2.1, the flow of exhaust gasses is assumed to be steady and uniform, which is not 

the case in actuality. The true momentum flux term is calculated by integration of the velocity 

profile across the boundary. 

 𝐹!"!#$%&! =  𝑚𝑉 𝑦 𝑑𝑦!!
!!!

 (2.2) 

 

Fig. 2.2 Thrust Chamber Control Volume 
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 While the thrust on the engine occurs by the equal and opposite reaction to accelerating 

the propellants out of the nozzle, it is important to understand the significance of pressure in 

transferring force to the structure of the rocket. As depicted in Fig. 2.2, the propellants present in 

the thrust chamber exert a pressure on the walls of the chamber. The same pressure works to 

accelerate the propellants out of the thrust chamber. By reducing the pressure of the propellants 

through expansion (while simultaneously increasing propellant velocity), an imbalance in 

internal pressure is created on the walls of the thrust chamber causing a net thrust opposite the 

direction of the flow velocity. It is then the function of the combustion chamber and nozzle to not 

only combust and accelerate the propellants, but also to bear the force of the thrust as it is 

transferred through pressure to the rocket structure. The chamber and nozzle will be discussed in 

further detail in later sections. 

Specific Impulse and ΔV 

To understand the significance of specific impulse, it is important to first understand the 

contribution of impulse to the overall performance of a rocket. 

 ∆𝑉 = 𝑉!" ln
!!
!!

 (2.3) 

Equation 2.3 is known as the Tsiolkovsky Ideal Rocket Equation. The equation relates 

the total change in velocity of the spacecraft to the equivalent velocity of the rocket exhaust and 

the ratio of the initial and final mass of the rocket. ∆𝑉 is the primary parameter used to determine 

the required thrust level, engine size, and mass of propellant needed for a particular mission. The 

amount of total velocity change that a rocket engine must provide is found through an analysis of 

the orbits and maneuvers required in a particular mission. For instance, a mission to the moon 

requires a certain velocity to attain orbit around the Earth, then another change in velocity to 

attain a trans-lunar injection and another change in velocity to stabilize its orbit around the moon. 
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Each of these spacecraft velocity changes requires a certain ∆𝑉 component. Summing these 

components for each maneuver in the mission yields the total ∆𝑉 budget for the mission. A full 

understanding of the importance of ∆𝑉 can only come through an understanding of orbital 

mechanics, which is not the focus of this report. 

The equivalent velocity seen in Eq. 2.4 is not representative of the actual velocity of the 

rocket exhaust. The equivalent velocity is used to account for the contribution of both the 

momentum flux of propellants and the differential pressure caused by ambient atmospheric 

conditions. Therefore, rewriting Eq. 2.1 in terms of the equivalent velocity yields Eq. 2.4. 

 𝐹 = 𝑚𝑉!! (2.4) 

Total impulse is defined by the amount of thrust applied over the duration of the rocket 

engine burn time and is related to the equivalent velocity by the following: 

 𝐼 =  𝐹 𝑡 𝑑𝑡!!
!!

= 𝑚𝑉!"𝑑𝑡
!!
!!

= 𝑚!"!#$𝑉!"  (2.5) 

It is convenient from the engineer’s standpoint to define the impulse on a per-weight 

basis so that the value of specific impulse is independent of the units chosen and may be applied 

equally to describe and compare any engine. 

 𝐼!" =
!

! !!
= !!"

!!
= !

! !!
[𝑠] (2.6) 

Substituting this relation for the specific impulse back into the Ideal Rocket Equation 

(Eq. 2.3) yields the following: 

 ∆𝑉 = 𝐼!"𝑔! ln
!!
!!

 (2.7) 

From this equation, the importance of the specific impulse to rocketry becomes clear. For 

a constant mass of propellant, increasing the specific impulse increases the ∆𝑉 budget of the 

rocket. Most important is the alternative conclusion that for a desired ∆𝑉, an increase in specific 
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impulse means that less propellant must be carried on board the rocket. This conclusion is also 

reflected in Eq. 2.3, which shows specific impulse to be inversely proportional to the mass flow 

rate of propellants exiting the rocket nozzle. Considering the current cost per pound of space 

missions (see section 2.1) it is of paramount importance to the rocket engine design engineer to 

maximize specific impulse.  

 Overall, specific impulse may then be thought of as a measure of the efficiency of a 

rocket engine, as the parameter is indicative of the amount of thrust that is produced per unit 

weight-flow of propellant. 

Thrust-to-Weight Ratio 

 Thrust-to-weight ratio, T/W, is another critical design parameter for rocket engines that 

relates the thrust produced by an engine to the physical weight of the engine itself. The benefit of 

a high thrust-to-weight ratio comes in the form of permitting heavier payload weights for a given 

rocket thrust level. Each pound shed from the weight of an engine to provide a particular thrust 

level translates to an additional pound of payload that may be carried by the rocket. This increase 

can mean huge cost saving per mission, as reflected by Table 2.1, or can be a mission enabler. 

Thrust-to-weight ratio will be critical to the discussion of potential benefits in using a dual-

expander cycle engine. 

2.2.1.1 Engine Cycles 

 
Simple Closed Expander Cycle 

A “closed” cycle means that all of the propellants that enter the engine leave solely 

through the nozzle exit. Open engine cycles feature bleeds that bypass certain components in the 

engine (or are pre-burned) and are expelled from the engine by means other than the nozzle. This 

leads to a reduction in specific impulse since not all of the mass of propellants is being 
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combusted and accelerated to produce thrust. Therefore, closed cycles typically yield the highest 

efficiencies. The expander cycle is characterized by the use of thermal energy stored by 

propellants to run the turbomachinery that power the cycle. This thermal energy is added to the 

propellants through cooling circuits in the nozzle and combustion chamber. Thus, the thermal 

energy of hot gasses resulting from combustion is used to drive the cycle. Propellants used in the 

expander cycle tend to be cryogenic. The resulting heat pickup from cooling in the jacket leads 

to complicated changes in phase that will be discussed in further detail in chapter 3.  

 

Fig. 2.3 Closed Expander Cycle Engine17 

 
Figure 2.3 above illustrates a typical closed expander cycle. Fuel enters the engine from 

the fuel tank feed lines. The fuel then passes into the fuel side pump, which raises the pressure of 

the fluid. The fuel then passes through the Main Fuel Valve (MFV) (also called the Main Fuel 
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Shutoff Valve (MFSOV)). This valve is used to control the flow of fuel to the engine and is the 

primary means of terminating the engine burn. From the MFSOV the fuel then enters the cooling 

jacket entrance manifold. In the cooling jacket, the fuel extracts heat from the wall of the nozzle 

and combustion chamber. This heat extraction serves the dual purpose of increasing the energy 

content of the fuel flow (measured through enthalpy rise) and also decreasing the wall 

temperature. The fuel undergoes complex changes in phase in the cooling jacket due to fluid 

volume restrictions with rising fluid temperature, resulting in the transition of the fuel to a 

supercritical state. After leaving the cooling jacket, the fuel enters the turbine in a primarily 

gaseous state. A Venturi orifice is typically located between the cooling jacket and turbine and 

serves to prevent pressure waves caused by the turbine from propagating up the flow and 

affecting other elements in the cycle. Figure 2.3 depicts two separate turbines (both powered by 

the fuel flow) to run the fuel and oxygen cycles. In actuality, a single turbine is often used to 

power the oxidizer and fuel pumps. A complex inter-propellant seal must be used to prevent 

leakage from causing the fuel and oxidizer to combine prematurely. Failures in this complex seal 

have in the past caused catastrophic failure of the engine. A gearbox is used to achieve the 

desired RPM and corresponding pump head for the oxidizer side. Some of the fuel is routed 

around the turbine through the turbine bypass valve. This turbine bypass is the primary means of 

throttling the engine by reducing the flow rate and, therefore, the power extracted by the turbine. 

Reducing the power extracted by the turbine reduces the pressure rise across the fuel and 

oxidizer pumps, which leads to a lower chamber pressure and corresponding thrust. The 

relationship between chamber pressure and thrust will be discussed in further detail in a later 

section. After the turbine, the fuel is reunited and transported to the injector manifold where it is 

atomized for combustion in the combustion chamber. 



 

 
 

18 

For a single-expander cycle, the flow of oxidizer is much simpler than the fuel side. 

The oxidizer enters the engine through feed lines from the oxidizer tank and passes through the 

oxidizer pump that, like the fuel side, may be single or multistage depending on the pump head 

requirements. The oxidizer proceeds from the pump through the Main Oxidizer Control Valve 

(MOCV) on its way to the injector manifold. The MOCV is used to control the oxidizer to fuel 

ratio, O/F, in the combustion chamber. The significance of O/F will be explained later.  

Closed Dual-Expander Cycle 

The closed dual-expander cycle follows the same basic mode of operation of a single-

expander cycle. Heat pickup by propellants in a nozzle/combustion chamber cooling jacket is 

used to power the turbomachinery that drives the cycle. The key difference for a dual-expander 

cycle is the use of the oxidizer as a working fluid. 

 

Fig. 2.4 Closed Dual-Expander Cycle Engine17 
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Figure 2.4 above depicts a proposed dual-expander cycle. For this cycle, the oxidizer is 

used to cool a section of the nozzle while the fuel still cools the combustion chamber. Heat 

picked up by the oxidizer from the nozzle cooling jacket is used to drive a separate oxidizer 

pump. The oxidizer turbopump assembly is completely separate from the fuel flow in this case, 

so there is no need for an inter-propellant seal. 

2.2.1.2 Nozzle Theory 

 
 The purpose of the rocket nozzle is to accelerate the high pressure and temperature 

product gasses resulting from combustion through expansion. The bell nozzle is the geometry 

considered in this research and has been the most popular shape since the 1960s. Figure 2.5 

below depicts some different nozzle types used for LRPS. 

 

Fig. 2.5 Comparison of Rocket Nozzle Geometries22 
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Comparing the bell nozzle from Fig. 2.5 to the equivalent cone nozzle, based on thrust 

coefficient and expansion ratio, it may be seen that the bell nozzle is able to provide the same 

thrust as the cone at a greatly reduced length. This translates to less engine weight and a higher 

thrust to weight ratio, which saves cost. The geometry of a particular bell nozzle may be 

determined using the method of characteristics for lines of constant Mach number. The objective 

of the nozzle is to expand the gasses in as short a distance as possible without causing the 

creation of expansion waves at the nozzle exit that lead to increased pressure losses and a 

decrease in the efficiency of the nozzle. It is common to also approximate the shape of the nozzle 

using a Rao curve, which allows the shape of the nozzle to be determined within reasonable 

accuracy without the use of the method of characteristics. Rao curves are composed of two 

sections with constant radius of curvature, one for the converging section and one for the rapid 

diverging section just after the throat. The remaining diverging nozzle is then approximated as a 

parabolic curve57. 

 

Fig. 2.6 Rao Curve Nozzle Contour 

 
Eqs. 2.1 and 2.4 show that the maximum thrust and nozzle performance are achieved 

when the pressure of the exhaust at the nozzle exit is equal to the ambient pressure. This 
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condition occurs when the flow is ideally expanded and is depicted by the center image in Fig. 

2.7 below. In the earth’s atmosphere, the ambient pressure changes as a function of altitude. 

When a rocket is on the launch pad prior to launch, the atmospheric pressure is at its highest 

value during the flight. The lowest value of atmospheric pressure will be achieved in the vacuum 

of space. Because the geometry of the nozzle is fixed, the flow cannot be ideally expanded 

through all phases of the flight. Nozzles are typically designed such that the expansion is optimal 

at a certain altitude during the flight. When the rocket is not at this optimum altitude, the flow 

through the nozzle is either over-expanded at altitudes below the optimum or under-expanded at 

altitudes above the optimum. For over-expanded flow, the pressure of the exhaust at the nozzle 

exit is less than the atmospheric pressure, causing the exhaust plume to taper after leaving the 

nozzle as depicted in Fig. 2.7.  For under-expanded flow, the pressure of the exhaust gas is 

greater than the pressure of the ambient atmosphere at the nozzle exit, causing the exhaust plume 

to bow out from the end of the nozzle as depicted in the figure.  

 

 

Fig. 2.7 Exhaust Plume Shapes for Under-, Ideally-, and Over-Expanded Nozzles 
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 For over-expanded flow, oblique shock waves form at the end of the nozzle as opposed to 

expansion waves for the under-expanded case. In either case, the momentum direction of the 

exhaust is altered after it has already exited the nozzle. Thus, thrust is not affected by shocks 

formed at the exit. From the thrust equation (Eq. 2.1), it is evident that thrust is decreased for the 

case of under-expanded flow due to the difference in exit pressure from ambient pressure. 

Applying the same examination to the over-expanded flow case, at first it appears that over-

expanded flow is superior to ideally expanded flow in terms of thrust generation. However, 

expanding the flow past ideal requires significant increases in nozzle weight. Additionally, flow 

separation will occur within the nozzle if expansion continues too far past the ideal case, causing 

decrease in T/W for the engine and loss of performance. Thus, ideally expanded flow offers the 

most performance benefit in terms of nozzle design. 

 Rocket nozzles are designed such that the compression and expansion of gasses in the 

converging and diverging phases is done gradually. By performing the expansion gradually, 

gasses may be returned to their previous conditions prior to compression without losses. This is 

referred to as a reversible process, meaning that entropy in the flow is conserved. This allows 

isentropic relations to be used to describe flow parameters54. 

 !!
!
= 1+ !!!

!
𝑀! (2.8) 

 !!
!
= 1+ !!!

!
𝑀!

!
!!! (2.9) 

 !!
!
= 1+ !!!

!
𝑀!

!
!!! (2.10) 

 For the isentropic flow in the nozzle, the total pressure, temperature, and density are 

constant. The Mach number in the combustion chamber is assumed to be ~0, which means that 

the static temperature and pressure is equal to the total conditions in the thrust chamber, thus the 
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use of the c subscript in Eqs. 2.8-2.10. With the total conditions of the flow held constant and 

assuming that the specific heat ratio is approximately constant throughout the thrust chamber 

(which is not the case but may be used as an approximation), the approximate static flow 

conditions are dependent on the local Mach number only. 

 From isentropic flow and the definition of Mach number, the exhaust velocity at the exit 

of the nozzle may be calculated from Eqs. 2.11 and 2.12. 

 𝑉! = 𝑀! 𝛾𝑅𝑇! (2.11) 

 𝑉! =
!!!
!!"#

∗ !!
!!!

∗ 1− !!
!!

!!!
!   (2.12) 

The mass flow in the nozzle may then be represented by the following equation: 

 𝑚 = !!!!
!"!!

𝛾 !
!!!

!!!
! !!!  (2.13) 

Substituting the equation for exit velocity found from the isentropic relations into Eq. 2.4 

for thrust yields Eq. 2.14 below. 

 𝐹 = 𝐴!𝑃!𝛾
!

!!!

!!!
!!! ∗ !!

!!!
∗ 1− !!

!!

!!!
!  + 𝐴! 𝑃! − 𝑃!  (2.14) 

This equation for thrust clearly shows the contribution of chamber pressure and 

propellant composition to engine performance. Substituting this new equation of thrust and mass 

flow rate into Eq. 2.6 for Isp and also knowing Eq. 2.23 for characteristic velocity, the relation 

for specific impulse becomes the following: 

 𝐼!" =
!

!!!
= 𝜆 !∗!

!!

!
!!!

!!!
!!! ∗ !!

!!!
∗ 1− !!

!!

!!!
!  + !∗!

!!!!
𝑃! − 𝑃!  (2.15) 
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Isp can then be seen from Eq. 2.15 to be a direct function of the nozzle efficiency, 𝜆, and 

also the nozzle expansion ratio, 𝜀, which represents the ratio of the nozzle exit area to the throat 

area and is given also as a function of exit Mach number and exhaust composition by Eq. 2.16. 

 𝜀! =
!!
!!
= !

!!

!!!!!! !!!

!!!
!

!!!
! !!!

 (2.16) 

2.2.1.3 Combustion Chamber Theory 

 
The combustion chamber is responsible for combusting the fuel and oxidizer before the 

products are expanded and accelerated by the nozzle. The converging portion of the nozzle up to 

the throat is often included in the combustion chamber boundary. Two factors are of primary 

importance when designing the combustion chamber: 

1) The combustion chamber must provide enough area to allow for proper mixing of 

propellants for combustion and must provide enough length to allow for the 

propellants to combust completely before entering the rocket nozzle.  

2) The combustion chamber must have adequate wall thickness and cooling to 

survive the extreme pressure and temperature environment that arises from 

combustion of propellants. 

These two factors depend heavily on the propellant combination, state of the propellants, 

chamber pressure, and injector geometry. Figure 2.8 below shows a typical thrust chamber for a 

bell nozzle configuration. Flow conditions depicted in the figure are axisymmetric. 
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Fig. 2.8 Liquid Rocket Combustion Chamber15 

 
 As depicted in the figure, the fuel and oxidizer enter the combustion chamber by means 

of the injector face and are ignited. Combustion occurs throughout the length of the chamber and 

is approximately entirely burned by the time the flow reaches the throat. In reality, some 

combustion is still taking place in the nozzle, but this delayed combustion is typically neglected 

in calculations, i.e., frozen flow is assumed in the nozzle. This assumptions results in parameters 

such as specific heat ratio, γ, being held constant for combusted propellants. 

Injector 

The injector is responsible for atomizing the propellants before injecting them into the 

chamber. The propellants are injected in such a way to maximize mixing of the fuel and oxidizer 

in an attempt to achieve a homogeneous mixture very quickly. Improper mixing leads to delayed 

combustion and unreacted propellants, which have a detrimental impact on combustion 

efficiency and specific impulse (to be explained in further detail). Several injector types exist 
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including, showerhead, impinging elements, swirl, and screen injectors. Figure 2.9 below shows 

a cutaway of a typical coaxial-swirl injector manifold. 

 

Fig. 2.9 Converging Coaxial-Swirl Injector Cross-Section4 

 
 From the figure, the injector is designed such that the fuel and oxidizer are not combined 

until they enter the chamber to avoid pre-ignition and catastrophic failure. Injectors typically 

include hundreds of elements. The RL10A-3-3A injector face, for example, includes 216 

coaxial-swirl elements. For the purpose of this analysis, we are less concerned with the specific 

architecture and configuration of the injector and instead focus on the contribution of the injector 

to determining the geometry of the combustion chamber and the pressure profile.  

 When the propellants are forced through the injector elements, the flow is separated into 

many tiny droplets. The increased surface area of the fuel and oxidizer is exposed to the less 

dense gas environment in the chamber. The increase in surface area increases the rate of 

diffusion of the liquid droplet propellants to the less dense surrounding (i.e. promotes rapid 
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evaporation). To promote mixing, the static pressure of the propellants must be converted to 

dynamic pressure through an increase in fluid velocity. 

 ∆𝑃!"# =
!
!
𝜌𝑉! (2.17) 

It is the conversion of static pressure to dynamic pressure that leads to the majority of 

pressure loss across the injector manifold. The injector losses are significant, commonly ranging 

from 10%-25% of the total chamber pressure20. The number of injector elements and the total 

pressure drop across the injector is then related by Eq. 2.18 from Humble. 

 !
!
= 𝜌𝑉𝐴!"# (2.18) 

 𝐴!"# =
!
!

!
!!∆!

  (2.19) 

Multiplying this equation by the number of injectors, N, yields the total injector inlet area 

(the sum of individual injector element cross-sectional areas).  

Characteristic Length and Velocity 

 The thermochemistry of the propellants is used to determine the proper chamber ratio, 

which is defined as the ratio of the average cross-sectional area of the chamber to the area of the 

throat. Eq. 2.20 below is used to calculate chamber ratio assuming isentropic flow within the 

chamber. The throat area is determined by the chamber pressure and required expansion ratio for 

a particular desired thrust level (to be shown later). 

 !!
!!
= !

!
!

!!!
1+ !!!

!
𝑀!

!!!
! !!!  (2.20) 

To aid in combustion chamber sizing, it is useful to define the characteristic length as the 

ratio of the chamber volume to the throat area.  

 𝐿∗ = !!
!!

 (2.21) 
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Typical values for characteristic chamber length range from 0.8m to 1.0m and are usually 

set at preliminary design based on empirical data20. Essentially, L* is used to relate the 

combustion effectiveness of the chamber to the chamber volume. Engines with relatively large 

values of L* tend to have high combustion efficiencies but are potentially too large and heavy to 

suit the engine thrust-to-weight requirements and are more prone to pressure losses. Conversely, 

engines with smaller L* values are lighter weight and less prone to losses but may result in poor 

propellant mixture or atomization and incomplete combustion. Having determined the initial 

desired characteristic length and chamber ratio, the actual chamber length may then be calculated 

using Eq. 2.22. 

 𝐿! =
!∗!!
!!

 (2.22) 

Typical values of chamber length-to-diameter, 𝐿!/𝐷! varies between 0.5 and 2.520. 

Again, it is important to note from Eq. 2.20 that the geometry of the combustion chamber is 

entirely dependent on the chemical composition and combustion properties of the propellant 

mixture. To characterize the combustion performance of propellants, the characteristic exhaust 

velocity is defined as follows: 

 𝑐∗ = !!!!
!

= !! !"!!

! !
!!!

!!!
! !!!

 (2.23) 

It is important to note from Eq. 2.23 that the characteristic velocity is entirely dependent 

on propellant composition and temperature and not on the performance of the nozzle. Equation 

2.23 also shows the relationship between the characteristic velocity, the chamber mass flow rate, 

and the chamber pressure. 

Oxidizer to Fuel Ratio, O/F 
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The O/F in this discussion refers to the weight fraction of LO2 to LH2 in the combustion 

chamber. With liquid oxygen and hydrogen as the respective oxidizer and fuel reactants in 

combustion, the idealized, stoichiometric combustion reaction equation is: 

 2𝐻! + 𝑂! → 2𝐻!𝑂 (2.24) 

In actual combustion of hydrogen and oxygen, the products are more complex, consisting 

of uncombusted reactants and other species: 𝐻!, 𝑂!, 𝐻!𝑂, OH, O, H, 𝐻𝑂!, and 𝐻!𝑂!. The 

relevant properties of LO2 and LH2 are listed in Table 2.2 below. 

Table 2.2 Properties of Hydrogen and Oxygen18 

Propellant 𝑀 
kg/kmol 

𝑇!"##$# 
R 

(K) 

𝑇!"#$  
R 

(K) 

𝑃!"#$ 
psi 

(MPa) 

𝑇!"#$ 
R 

(K) 

𝐶!* 
Btu/lb-°F 
(kJ/kg-K) 

𝜈 
𝑓𝑡!/𝑙𝑏 

(𝑚!/𝑘𝑔) 

𝐿𝐻! 2.016 25.07 
(13.9) 

36.77 
(20.4) 

187.8 
(1.3) 

59.37 
(33.0) 

3.42 
(14.31) 

194 
(12.1) 

𝐿𝑂! 32.00 97.67 
(54.3) 

162.27 
(90.2) 

735 
(5.1) 

277.67 
(154.3) 

0.220 
(0.920) 

12.24 
(0.764) 

*Cp values at standard conditions (25°C, 1 atm) 

 
Knowing the molecular weight of oxygen and hydrogen, the masses of each reactant may 

be calculated. 

𝑚!! = 2 𝑘𝑚𝑜𝑙𝑒𝑠 ∗ 2.016
𝑘𝑔
𝑘𝑚𝑜𝑙 = 4.032 𝑘𝑔  

𝑚!! = 1 𝑘𝑚𝑜𝑙𝑒 ∗ 32
𝑘𝑔
𝑘𝑚𝑜𝑙 = 32 𝑘𝑔  

The stoichiometric O/F by weight for hydrogen/oxygen combustion is then found to be 

32/4.032 = 7.93. At first, one might expect that the ideal O/F for a rocket engine would be set at 

the stoichiometric condition. However, rocket engines tend to find the optimal O/F at values 

lower than the stoichiometric ratio. This deviation from the stoichiometric condition is caused by 
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limitations in the temperature of products allowed and also the affect of the molecular weight of 

the product mixture on Isp.  

 The closer the O/F is to stoichiometric conditions, the higher the temperature of the 

products. To understand this principle, consider Eq. 2.24 with 4 moles of H2 rather than 2 

(stoichiometric): 

 4𝐻! + 𝑂! → 2𝐻!𝑂 + 2𝐻! (2.25) 

In this reaction, unreacted hydrogen fuel remains in the products. The same amount of hydrogen 

and oxygen has been combusted (according to stoichiometric ratios) in Eqs. 2.24 and 2.25, and 

thus the same energy has been released in both cases. The difference now for Eq. 2.25 is that 

more mass (in the form of excess hydrogen) is leftover in the products. This additional mass 

raises the total heat storage capacity or, comparably, allows the same amount of thermal energy 

to be stored at a lower product temperature. Essentially, the heat generated in the reaction is 

distributed over a greater mass of the products. Figure 2.10 shows the relationship between O/F 

and flame temperature for a range of oxygen and hydrogen mixture ratios. 

 

Fig. 2.10 Affect of Mixture Ratio on Temperature of Products20 
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From the figure, the flame temperature reaches a maximum near the calculated 

stoichiometric O/F ratio of 7.93. At this maximum the flame temperature indicated by the plot is 

3500K. Table 2.3 below provides the melting point for some materials used to construct the 

walls of the thrust chamber18. 

Table 2.3 Thrust Chamber Material Melting Points 

Material Melting Point (R) Melting Point (K) 
Pure Copper 2443 1357 
Silicon Carbide 5580 3100 
INCOLOY 909 3003 1668 
INCONEL 625 2814 1563 
INCONEL 718 2760 1533 
Haynes 188 2859 1588 
Aluminum 7075 T6 1451 806 
Aluminum 2024 T6 1396 775 
Beryllium Copper 2051 1139 
Oxygen-Free Copper 2442 1356 
Pure Titanium 3492 1940 
Pure Niobium 4932 2740 
Pure Cobalt 3183 1768 

 

Comparing the melting point of the metals used for the combustion chamber wall to the 

stoichiometric flame temperature, it is clear that the walls of the combustion chamber are likely 

to melt during a sustained engine burn without some sort of active cooling. However, even with 

active cooling, the equilibrium wall temperature during heat transfer is often still too high to 

avoid melting or rupture at the required high chamber pressures (especially when considering the 

thermal strain on the combustion chamber walls). It is then required that the combustion take 

place at O/F ratios other than the stoichiometric condition. Rocket engines commonly (unlike 

their air-breathing gas turbine counterparts) combust the mixture at fuel rich conditions, that is, 

at a lower O/F than that predicted by stoichiometric conditions.  



 

 
 

32 

 Figure 2.11 below shows the correlation between O/F ratio and engine specific impulse 

for oxygen and hydrogen propellants. As seen in the figure, the maximum specific impulse for 

LO2 and LH2 actually occurs at for a value of O/F of about 3.8. 

 

Fig. 2.11 Affect of Mixture Ratio on Isp20 

 
To understand the reason behind this trend in specific impulse, Eq. 2.12 for the exhaust 

velocity must be examined. It may be seen from the exhaust velocity equation that the exit 

velocity of combustion products is proportional to the quantity !!
!

. Adding LH2 to the 

stoichiometric reaction, thereby reducing the O/F ratio, serves to reduce the molecular weight of 

the combustion product gasses due to the presence of excess, lightweight hydrogen atoms. Also, 

as discussed previously, deviating from the stoichiometric O/F ratio causes the temperature of 

the products, 𝑇! in this case, to decrease. The combustion temperature actually decreases more 

rapidly than the molecular weight, which serves to reduce the ideal exhaust velocity. However, 

the ratio of specific heats, γ, in Eq. 2.12 is highly dependent on the chemical composition of 

combustion products and actually serves to raise the exhaust velocity, thereby contributing in a 
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desirable way to the nozzle efficiency and the theoretical exhaust velocity. This in turn increases 

thrust and Isp as described by Eqs. 2.1 and 2.6. The reason for the nozzle efficiency 

improvement rests in the species composition of combustion products. Fuel rich conditions lead 

to a higher presence of small, lightweight molecules such as H2, OH, etc. rather than the higher 

concentration of larger molecules such as H20 that would be present after a near-stoichiometric 

reaction. These small, light molecules are able to more readily convert their thermal energy 

stored in the form of random vibration and rotation into translational kinetic energy as they are 

expanded and accelerated by the nozzle. 

Table 2.4 Typical Performance of Some LH2/LO2 Upper-Stage Engines42,8 

Engine Thrust, Vacuum 
[lbf] 

Isp 
[s] 

Weight 
[lbf] 

T/W 

RL10B-2 24,750 465.5 664 37:1 
J-2X 294,000 448 5,450 54:1 
RL-60* 60,000 460 700 86:1 

      *Not flown 

 For the RL10 and other LH2/LO2 engines, the O/F ratio actually tends to lie between the 

stoichiometric O/F and the O/F for max Isp due to two factors: 

1) The overall thrust of the engine at the O/F for max Isp is actually reduced contrary to 

predictions of the frozen flow assumption. Changes in the specific heat ratio are 

significant in reality and are sufficient to alter the performance predicted by the 

equations introduced earlier, derived under the frozen flow assumption. 

2) The high specific volume of hydrogen given in Table 2.2 makes storing enough 

hydrogen to give the O/F for maximum Isp over the total burn time impractical due to 

the size of the H2 storage tank required. Large propellant tanks increase vehicle inert 

weight and can reduce the overall vehicle T/W to unacceptable levels. 
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 Completing the combustion at fuel rich conditions also has the added benefit of limiting 

material interaction with liquid oxygen. Using a lean mixture in an attempt to lower product gas 

temperature would cause higher concentrations of LO2 in contact with the thrust chamber walls, 

potentially causing an increase in deterioration of wall materials and material ignition. 

2.2.1.4 Cooling Jacket Theory 

 
 Several methods may be used to cool the rocket thrust chamber, such as ablative cooling, 

radiative cooling, film cooling, and regenerative cooling. The discussion of cooling theory will 

be limited to regenerative cooling as this method of cooling is required for an expander cycle. A 

regenerative cooling cycle functions by using heat from the combustion products to energize the 

cycle working fluid, providing sensible heating to aid in combustion of the propellants and 

energy to power the cycle turbomachinery. The cooling jacket is comprised by circuits of small 

tubes that allow the passage of coolant, LH2 or LO2 in the case of the LEC, through the walls of 

the thrust chamber. These tubes are sometimes brazed together to form the thrust chamber wall 

structure, as is the case for the RL10. The shape of the tube cross-section varies, and has an 

affect on the surface area of wall exposed to the hot gasses of the combustion chamber. Figure 

2.12 depicts the cross-section of a typical thrust chamber wall with circular cooling channels. 

The radius of the thrust chamber and the thickness of the tube walls then limit the number and 

size of the coolant tubes. 
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Fig. 2.12 Chamber Wall Cross-Section22  

 
Heat transfer in the cooling channels follows the first law of thermodynamics with the 

total energy added to the coolant being represented by the change in enthalpy.  

 𝑄!" = 𝑄!"# + ∆ℎ (2.26) 

Figure 2.13 below shows a hypothetical control volume drawn for a cooling channel 

segment. Convective heat transfer occurs between the wall and fluid flow (coolant and exhaust) 

on both sides of the wall. The heat transfer in the wall itself is governed by Newton’s Law of 

Convective Heat Transfer, which states that the rate of heat transfer is proportional to the 

temperature difference, heat transfer coefficient, and the area of heat transfer. 

 𝑄 = −ℎ𝐴(∆𝑇) (2.27) 

When cryogenic coolant enters the jacket, it is converted to a supercritical gas as heat is 

absorbed. The multi-phased nature of the coolant is difficult to model and has an effect on the 

pressure in the channels as well as the heat transfer. The heat transfer through radiation is 

neglected in this discussion, as it is considered to be sufficiently small compared to the 

convective heat transfer.  
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Fig. 2.13 Heat Transfer in Cooling Channels 

 
Figure 2.14 below gives the static temperature vs. radius across the wall of the thrust 

chamber. The left region depicted will be referred to as zone 1 and serves to capture the 

convective heat transfer occurring between the hot gas of the thrust chamber and the chamber 

wall. The right boundary, zone 3, captures the convective heat transfer occurring between the 

wall and the multi-phased coolant. The middle region represents conductive heat transfer 

occurring across the thrust chamber wall. For the 1D heat transfer assumption at steady-state 

conditions, the total heat transfer is accounted for by the convective zones (zones 1 and 3) since 

the heat transfer in all three zones is equal. Thus, the conductive heat transfer may be neglected 

in calculations. 
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Fig. 2.14 Temperature Profile Through Wall Heat Transfer Zones18 (reproduced with 
permission) 

 
The heat transfer occurring per unit area for zone 1 is then calculated knowing the static 

temperature in the hot gas boundary layer and the temperature of the wall. 

 𝑞! = ℎ!" 𝑇!! − 𝑇!!  (2.28) 

 ℎ!" is the heat transfer coefficient of a hot gas and is a function of the fluid density, 

viscosity, velocity, thermal conductivity, specific heat, and also the diameter of the fluid thrust 

chamber. It is calculated using and empirical formulation known as Bartz equation6.  

 ℎ!" = 0.026 !!"
!ℎ𝑦𝑑

!!
!!"!!"

!.! !!!ℎ𝑦𝑑

!!

!.! !!
!!"

!.!
𝜙! (2.29) 

Subscript g values are tabulated at the reference chamber pressure and enthalpy. The 

coolant side heat transfer (zone 3) is calculated in a similar manner to zone 1, using an empirical 

formulation known as the Coburn equation. Again, coolant properties are evaluated at the static 

pressure and film temperature6. 

 𝑞! = ℎ! 𝑇!" − 𝑇!"  (2.30) 

 ℎ! = 0.023 
!!!
!!

!!!!
!!!!!!

!.!
!!!!
!!

.!
𝜙!"#$ (2.31) 
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The total heat transfer is then calculated knowing the surface area across which the heat 

transfer is occurring. For steady-state, the heat entering the wall on the hot gas side (zone 1) must 

equal the thermal energy moving through the wall and exiting the wall into the coolant. This 

condition is used to find the equilibrium temperature of the wall knowing its material properties. 

 Q = A! ∙ 𝑞! = A! ∙ 𝑞! = A! ∙ 𝑞!  (2.32) 

2.2.1.5 Turbopump Theory and Power Balance 

 
High performance liquid rocket engines rely on a pump-fed propellant system to deliver 

the fuel and oxidizer at high pressure to the combustion chamber. The term “turbopump” refers 

to a pump and turbine mechanism connected by a shaft. Figure 2.15 below shows a schematic for 

one such turbopump assembly. 

 

Fig. 2.15 Turbopump Schematic22 
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As seen in the figure, turbopumps can be very complex. Advancements in turbopump 

machinery have come in part through the evolution of materials used. These advancements have 

led to a reduction in weight of the components as well as a boost in performance and are the 

primary difference between the original RL10-A1 and the RL10A-3-3A. This section provides 

an overview of the theory behind turbopump operation and also some of the methods used by 

NPSS in calculating power balances for engine cycles. 

Pump 

The purpose of pumps in the engine cycle is to use rotational shaft energy to raise the 

hydrostatic pressure of the fluid fuel or oxidizer. Centrifugal pumps are primarily used in rocket 

engines due to their capability to handle high volumetric flow rates. Centrifugal pumps increase 

the static pressure of a fluid through the use of a rotating impeller that accelerates the fluid 

outward from the center of the impeller chamber. This fluid with high radial velocity is then 

diffused between the tips of the impeller veins and the wall of impeller chamber. Further 

conversion of dynamic pressure to static pressure occurs in volutes following the impeller 

chamber. The pressure rise across the pump is directly proportional to the impeller speed and 

torque, which depend on the impeller size (inertia). The primary limitation in determining the 

size and shaft speed of the pump is fluid cavitation. If the rotational speed of the pump is too 

high, cavitation may occur, causing damage to the pump and decreasing the pump pressure ratio.   

Pump pressure is expressed primarily in terms of pump head. 

 𝐻! =
!!!!!
!!!

    [𝑓𝑡] (2.33) 

From equation 2.34 it may be seen that the pump head is inversely proportional to the 

density of the fluid passing through the pump. The desired pump head is determined primarily by 

the required combustion chamber pressure for a particular thrust level, as will be demonstrated 
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later. Typically, the fluid pressure at the entrance to the pump is known, and the pressure at the 

pump exit can be found using Eq. 2.35. 

 𝑃!,!"#$ = 𝑃! + 𝑃!"## (2.34) 

Pressure losses between the pump and combustion chamber entrance occur through 

frictional losses, pressure losses in the turbine, and pressure losses in the injectors. Once a 

desired pump head has been determined, the power required by the pump to achieve the 

necessary pump head may be found through Eq. 2.36 below22. 

 𝑊! =
!!!!!
!!

= 𝐿!𝑁! (2.35) 

From Eq. 2.36, the pump power is directly proportional to the mass flow rate of the fluid 

through the pump and the pump head, which is dependent on the shaft torque and speed. It may 

also be noted that a decrease in pump efficiency results in greater power input required to 

provide a given pump head. 

Turbine 

The purpose of the turbine in a rocket engine is to extract thermal energy from the fluid 

flow and convert it to rotational mechanical energy to power the pumps. The turbine 

accomplishes this conversion of energy by forcing a gaseous fluid (the fuel or oxidizer after it 

has changed state to a supercritical gas in the cooling channels) through a series of rotor blades 

and stators. The rotor blades serve to turn the oncoming flow in the turbine. This change in gas 

momentum imparts a tangential force on the blades causing an angular acceleration of the rotor 

disc. The stators then realign the fluid flow with the axial direction of the turbopump before it 

passes through another separate stage of turbine blades. Two-stage turbines are common for 

LRPS turbopumps but further staging is possible. A two-stage turbine is depicted in Fig. 2.15 at 

the beginning of this section.  
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 The energy content of the fluid passing through the turbine is characterized by the fluid 

enthalpy, which is dependent on the temperature of the fluid and its specific heat at constant 

pressure. 

 ℎ = 𝐶!𝑇 (2.36) 

The specific heat of the fluid is dependent on the chemical structure of the fluid and is a 

function of the fluid temperature. For gasses, increasing temperature increases the specific heat 

of the gas. 

Eq. 2.38 gives the energy extracted by the turbine from the flow. 

 ∆ℎ! = ℎ! − ℎ! (2.37) 

Substituting Eq. 2.38 into Eq. 2.37 and knowing the relationship between the inlet and 

exit temperature assuming an isentropic conditions yields the following22: 

 ∆ℎ! = 𝐶! 𝑇! − 𝑇! = 𝐶!𝑇! 1− !!
!!

!!!
!  (2.38) 

This equation establishes the relationship between the turbine pressure ratio (the pressure 

drop across the turbine) and the energy extracted by the turbine reflected by the enthalpy change 

of the fluid. In this form, the specific heat is assumed to be a constant. In actuality, the specific 

heat is not constant, but making this assumption simplifies calculations and provides an adequate 

estimate for turbine power in this analysis. Equation 2.40 below then gives the shaft power 

produced by the turbine as a function of the turbine efficiency, mass flow rate through the 

turbine, and the change in enthalpy22. 

 𝑊! = 𝜂!𝑚∆ℎ! = 𝜂!𝑚!𝐶!𝑇! 1− !!
!!

!!!
! = 𝐿!𝑁! (2.39) 

As was the case for the pump, the turbine power may also be expressed in terms of shaft 

torque and rotational speed. 
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Power Balance 

The shaft speed of the fuel and oxidizer pumps may be expressed as a multiple of the 

turbine shaft speed. The required multiples, a, are then representative of the gear ratios required 

between the turbine(s) and pumps. 

 𝑁! = 𝑎!"𝑁!" = 𝑎!𝑁! (2.40) 

For a single-expander cycle in which a single turbine may provide power for all pumps in 

the cycle, it is required that the total shaft power produced by the turbine be equal to the sum of 

the power required by each pump to provide the desired pressure ratios across the pumps in the 

cycle. Losses such as shaft friction must also be included in the power balance54. 

 𝑊! =𝑊!,! +𝑊!,!" +𝑊!"## = 𝐿!"𝑁!" + 𝐿!𝑁! +  𝑊!"## (2.41) 

 𝑊!"!#$!%$& =𝑊!"#$%!"& ⟹ 𝑊! = 𝑊! (2.42) 

For a dual-expander cycle, the power required by the LOX and LH2 pumps in the cycle is 

split between two turbines. This means that the power generation required for an individual 

turbine is less for the dual-expander cycle. The decrease in the required energy extraction and 

pressure drop of the fluid passing through the turbine corresponds to higher potential chamber 

pressure. 

 The pressure profiles of the LOX expander cycle and fuel expander cycle are still 

interdependent to an extent since it is desired for proper mixing prior to combustion that the fuel 

and oxidizer be near the same static pressure at injection to the combustion chamber.  

2.2.1.6 Plumbing Theory 

 
 Throughout the engine cycle, the pressure profile is determined primarily by the pressure 

rises and drops across the turbomachinery and in components with small, capillary tubes such as 
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the cooling jacket and injector. However, pressure losses occur in the plumbing between major 

components and have, while relatively small on a per-length basis, a significant affect on the 

overall pressure loss in the system when the contributions of the various pipe lengths in the 

engine are added.  Figure 2.16 below shows the general trend in the static pressure level across 

the various major components of the engine (not to scale). Additionally, the pressure trend is not 

linear for some regions indicated. For instance, the pressure drop in the cooling jacket is difficult 

to predict due to the phase of the fluid and the varying geometry of the cooling channels. 

Similarly, the pressure drop due to nozzle expansion is a curve. 

  

Fig. 2.16 General Static Pressure Trend in Engine 

 
 The pressure losses in the plumbing of the engine are estimated using the Darcy-

Weisbach (D-W) equation. 

 ∆𝑃 = 𝑓!
!
!
!!!

!
= 𝑘 !!!

!
 (2.43) 

Knowing that 𝑚 = 𝜌𝐴𝑉 and letting 𝑘 = 𝑓!
!
!

, Eq. 2.44 may be expressed in terms of 

mass flow rate. 
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 ∆𝑃 = !!!

!!!!!!
 (2.44) 

The friction factor, f, that also determines the pipe k-factor is a function of the Reynolds 

number of the pipe flow which depends on the fluid viscosity, density, velocity, and pipe 

diameter and roughness. 

 𝑅𝑒 = !"#
!

 (2.45) 

In Eq. 2.46 the dynamic viscosity and density are functions of the state properties of the 

fluid. The equations of state and methods for determining the state of the fluid will be discussed 

in further detail in the methods chapter. For calculations of Reynolds number and other pipe flow 

parameters, it is common to use the hydraulic diameter. 

 𝐷!!" =
!!
!

 (2.46) 

Using the hydraulic diameter in calculations allows pipes with a non-circular cross-

section to be treated as circular pipes. From the equation, it may be seen that the hydraulic 

diameter is proportional to the ratio of the cross-sectional area of the pipe to the pipe wetted 

perimeter. For a circular pipe, the hydraulic diameter is equal to the internal diameter of the pipe. 

2.3 LRPS Modeling 

 
This section provides a brief overview of the NPSS software used and benefits when 

compared with other modeling software choices. Brief information is also provided regarding 

CEA and databases referenced by this research. 

2.3.1 NPSS 

 
The Numerical Propulsion System Simulation code was developed at the NASA Glenn 

Research Center in conjunction with members of the U.S. aeropropulsion industry. 
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NPSS includes the following features that made the software the right tool for this modeling 

project36: 

 1) Increased model flexibility 

 2) All model definitions are performed through user supplied input files 

 3) Included NIST database fluid state tables (and the ability to add custom tables) 

 4) Steady-state and transient simulation ability 

 5) Built-in object oriented programming language 

 6) Support for interoperability with other model simulation software packages 

 The software was developed as a more flexible means of simulating complete aircraft 

engines cycles using object oriented programming. NPSS allows the used to build engine cycle 

models using pre-programmed engine components (pumps, valves, nozzles, etc.), allowing for 

rapid prototyping and a “Plug-N-Play” flexibility that other engine simulators lack. Originally, 

intended for modeling air-breathing engines, the software was later adapted to accommodate 

rocket engine cycles through the addition of the “Rockets Supplements” package. The NPSS 

framework can be interfaced with many other commercial modeling software tools, providing an 

unprecedented flexibility and interoperability to engine models.  

 Using NPSS to model the LEC rocket engine cycle allows the performance potential of 

the engine to be evaluated parametrically at a top level without the need for expensive hardware. 

More detail can also be added throughout the development to save time in the design process and 

test concepts at a component level before attempting to implement them into the actual engine 

cycle. 

2.4 NIST and CEA 

 
NIST Database 
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The National Institute of Standards and Technology (NIST), a branch of the U.S. 

Department of Commerce, has compiled an expansive database containing thermochemical, 

thermodynamic, and ion energetics data under the Standard Reference Data program. The 

database proved valuable in this research for the determinations of equations of state to solve 

static thermodynamic properties of propellants. The NPSS software contains an internal 

thermodynamics package with data from the NIST database that is used by the solver to 

determine thermodynamic properties during iterations. The data contained in the NIST database 

is verified by NIST to be have been provided on the basis of sound scientific judgment. 

CEA 

The computer program Chemical Equilibrium with Applications (CEA) was developed by 

NASA Glenn Research Center for calculation of chemical equilibrium compositions and 

properties of complex combustion product mixtures. The specific application of the CEA 

software is in determining theoretical rocket performance based on the composition of 

propellants. The software references independent databases, such as NIST, containing the 

transport and thermodynamic properties of more than 2000 chemical species.   

2.5 Previously Conducted Research and LEC Performance Potential 

 
This section provides an overview of the contributions of prior research done by Martin, 

Hall, and Simmons in modeling dual-expander cycles. Previous students of Dr. Richard Branam, 

the committee chair for this research effort, used NPSS to examine an aerospike nozzle geometry 

that also employed a dual-expander cycle. This engine was referred to as the Dual-Expander 

Aerospike Nozzle (DEAN). The DEAN model was developed primarily in response to a joint 

initiative proposed by the DoD, NASA, and aeropropulsion industry called the Integrated High-

Payoff Rocket Propulsion Technology program (IHPRPT). In most cases, the researchers found 
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that significant gains in Isp and T/W were achieved with the DEAN concept. However, the 

conclusion that the performance increases were due to the use of the dual-expander cycle cannot 

be applied since the potential contribution to performance by the use of the aerospike geometry 

must also be considered. Using overall engine performance conclusions from past research will 

therefore be avoided in the discussion of previous research, as it does not apply to the bell 

geometry.  

The most significant result that comes from of research performed by Martin, Hall, and 

Simmons that applies to this research effort is the conclusion that LO2 was able to provide 

sufficient cooling for the chamber outer wall of the engine (blue in Fig. 2.17), though Hall was 

unable to achieve the design Isp without overheating18. 

 

 

Fig. 2.17 Previously Examined Aerospike Nozzle Geometry18 (reproduced with permission) 

 
This result is significant for this research since the combustion characteristics are similar 

between the DEAN and LEC engines considering the propellants are LO2 and LH2 in both cases 
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and operate in the same O/F range of 4 – 7. This means that the combustion temperatures are 

similar and, thus, the resulting wall temperatures and area-specific heat transfer are roughly the 

same (though hot spots may be different considering the curvature of nozzle/chamber contours). 

It was the conclusion of Martin, Hall, and Simmons that LO2 could run an engine cycle with 

regenerative cooling. The significance of this implication will be addressed in more detail at the 

end of this chapter. 

The original NPSS model, constructed by Martin, did not include a parametric trade 

study, which was later added by Simmons and Hall. Their choice of design point variables such 

as L*, throat area, and chamber ratio, adjusted during trade studies, was instrumental in selecting 

the design variables for this LEC research project since the physics and cycle structure for the 

DEAN and LEC models is nearly identical. As a conclusion of his research, Hall made the 

recommendation to add a turbine bypass to both sides of the cycle (rather than just the fuel side) 

to make the model flexible and robust. The original model created by Martin was brittle28, which 

made it difficult to perform a parametric study due to the limited model solution space. The 

addition of the turbine bypass allows NPSS to control the amount of propellant weight flow 

passing through the turbine separately from the rest of the cycle, allowing the power balance 

discussed in section 2.2.1.5 to be more easily performed at a greater range of design variables. 

Hall and Simmons claimed large performance increases for the DEAN engines, resulting 

in T/W more than twice that of the J-2X and RL10. Additionally, thrust and chamber pressure 

were increased more than double with fluctuating results for Isp. While these results may not be 

specifically applied to the dual-expander cycle, they do at least warrant further investigation with 

the bell concept to determine the relative contribution the LOX cycle provides to performance 

improvements. 
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2.6 Liquid Oxygen as a Working Fluid  

 
Working with liquid oxygen can be challenging due to the tendency of oxygen to corrode 

materials that it comes into contact with. Additionally, oxygen is a powerful oxidizer and, in pure 

form, lowers the ignition temperature of normally non-flammable materials. The risks associated 

with LO2 may cause new failure modes that must be investigated to ensure that they are not 

likely to cause mission failure. Additionally, the properties of LO2 do not make it an ideal choice 

as a coolant. As discussed in the introduction, little research has been done examining the 

potential of using LO2 as the working fluid in a power cycle. An engine using LOX for cooling 

has not yet been flown, thus, only limited testing and empirical data is available for reference. 

This section discusses the limited research that has been performed by past investigators and the 

implications that their work has to this research effort. Particularly relevant are investigations of 

LOX interactions with materials and turbomachinery, which is relevant for single-expander cycle 

engines as well as the LEC engine. 

2.6.1 LOX Corrosion, Leaks, and Material Interaction 

 
Three primary ingredients are required to instigate combustion: fuel, oxidizer, and heat. 

For the LH2 cycle in the LEC engine, ignition is a non-issue due to the absence of an oxidizer. 

For the LO2 side, however, a powerful oxidizer is present throughout the cycle. LO2 increases 

the flammability of the normally inert metals comprising the turbomachinery components and 

pipe walls. Ignition of engine components and corresponding rapid structural deterioration has 

been identified as a potential risk in oxygen flow circuits, particularly in the turbopumps and 

cooling jacket where heat is present due to colliding machinery components or jacket heat 

pickup41. Some limited research has been performed to more closely examine ignition in the 
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turbomachinery. Shoenman used an experimental setup to perform rub and impact tests for 

various metals in a hot, gaseous, oxygen environment45. The experimental setup is depicted 

below in Fig. 2.18. Findings from the experiment are shown for various relevant metals in Table 

2.5. It may be seen from the table that ignition is a problem for a number of materials but there 

are several that are not adversely affected and could be used to construct components of an 

oxidizer turbopump. For the LEC engine, further investigation into ignition in turbomachinery 

will need to be performed to test the higher RPM ranges required by a LOX dual-expander 

turbopump. Higher RPM is needed for the greater pump pressure head required to drive the LOX 

through the cooling jacket channels and turbine. 

 

Fig. 2.18 Turbomachinery Component Interaction Flammability Test Setup45 

Table 2.5 Materials Ignition Test Results45 

Material Observations and Tested Temp. Ranges [°F] 
Zirconium Copper No ignition (790 -1800) 
Nickel 200 Ignition above 2200 (825 -2200) 
Silicon Carbide No ignition (850 - ?) 
Monel 400 Ignition above 1200 (800 -1200) 
K_Monel 500 Ignition above 1500 (750 – 1500) 
Inconel 600 Ignition above 1100 (? -  1000) 
316 Stainless Steel Ignition in all tests (450 – 800) 
Invar-36 Ignition in all tests (340 – 675) 
Hastelloy-X Ignition in all tests (725 – 750) 
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 During rocket thrust chamber operation, it is common for small cracks to form in the 

cooling jacket that allow fuel to leak into the thrust chamber and mingle with the hot, mixed-

propellant zone. Fuel leaks have proven to be non-consequential to the overall operation of the 

engine. Mass flow loss and the resulting loss in pressure are negligible3. Additionally, streaks 

formed along the thrust chamber wall from fuel leaks do not result in local combustion and wall 

hot spots at the leak location due in part to the already fuel-rich environment in the thrust 

chamber. For LOX leaks however, the potential exists for combustion to occur along the wall 

near the source of the leak, potentially raising the local wall temperature above the material 

failure point. The risk of ignition near the wall is aggravated by the presence of a soot layer 

collected on the inner wall of the thrust chamber as a result of combustion. Oxidation of the soot 

could lead to a combustible mixture of unreacted fuels present in the soot39,38. Additionally, the 

corrosive nature of oxygen has the potential to worsen cracks formed in the cooling jacket, 

leading to a potential engine structural failure or critical pressure loss in the propellant lines3.  

Experimentation was performed independently by Armstrong and Price that determined 

LOX can be safely used as a coolant3,39. Artificial cracks were machined in a thrust chamber 

wall, allowing LOX to leak. The engine was then fired for multiple burn times and no growth in 

crack size or additional deterioration was observed. No hot spots were detected by 

thermocouples mounted in the thrust chamber and around the crack region. In fact, the leakage of 

LOX into the thrust chamber actually overcooled the wall, which is the same result of a fuel leak. 

This result indicates that local combustion at the leak does not occur. The overall conclusion of 

the research conducted by Price and Armstrong was that LOX can be used safely in cooling 

without deterioration of the thrust chamber3,39. 
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2.6.2 Cooling Potential of LOX  

 
Spencer and Armstrong performed limited observations in the 1990s to investigate the 

effectiveness of LOX in regenerative cooling circuits3,51. The research arose not as an 

investigation into dual-expander technology, but to determine whether LOX could be used to 

assist in LOX/RP1 engines to cool the thrust chamber since the cooling properties of RP1 are not 

ideal (RP1 has a tendency to coke at higher temperatures). This is an important distinction to 

make since the LO2 coolant used in experimentation was not used to run turbomachinery. The 

LOX was pumped through the cooling jacket through a separate fluid circuit. The performance 

of the engine was not dependent on the oxygen heat pick up. Only experimentation performed by 

Armstrong used an actual thrust chamber. It was found by Armstrong that LOX could in fact be 

used successfully to cool the thrust chamber below the melting temperature (using high 

conductivity copper and electroformed nickel) during steady-state operation3. The same 

experiment also concluded that adequate cooling was still achieved by LOX with jacket leaks 

upstream of the throat, the region with the highest wall temperature. 

Spencer conducted experimental research in 1977 in an attempt to develop a correlating 

equation to match heat transfer data for high pressure, supercritical oxygen. A pipe was 

pressurized and heated through electrical resistance. The temperature change of flowing 

supercritical oxygen was measured at the beginning and end of the pipe to develop the 

correlation. Limited data gathered from other researchers was also compiled in an attempt to 

extend the pressure and temperature range of the equation51. The resulting correlation was still 

limited to a relatively small range of pressures and requires further investigation. According to 

Spencer, the correlating equation developed fits 95% gathered experimental data to within +/- 

30% accuracy51. This result exhibits the extreme difficulty of accurately predicting the heat 
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transfer behavior of supercritical oxygen. Extensive research is still required to more accurately 

predict heat transfer occurring in LOX cooling channels and is not the primary focus of this 

research effort.  
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3 METHODOLOGY 

 
This chapter provides an in-depth discussion of the methods used to model the LEC 

engine and the RL10A-3-3A validation model.  

3.1 NPSS Modeling Overview 

 
A complete NPSS model contains three major parts: 

 1) Input and output files  

 2) The model file  

 3) The solver 

The input and output files are used to perform intermediate calculations used to 

determine the input variables to the model and define the initial condition for solver iterations. 

These calculations are based on the principles of compressible flow, thermodynamics, pipe flow, 

and fundamental rocketry physics discussed in chapter 2. The input files may be created and 

edited using any text editor, but cannot be compiled without the NPSS included compiler. 

The model file is used to declare the elements, flow stations, and ports used to build the 

engine architecture. The model file is also where port linkages are performed to create pathways 

for fluid transfer, heat transfer, or mechanical energy transfer between NPSS elements. 

The solver file is where the user is able to define the solution state of the mode and 

specify a design or off-design run condition. The user also uses the solver file to specify the 

order in which NPSS solves the system architecture created in the model file. More information 

will be provided on setting up the NPSS solver in section 3.1.2. 



 

 
 

55 

3.1.1 Elements and Ports 

 
 Elements and ports are the building blocks of the NPSS model architecture. These 

elements and ports are provided in the NPSS library for users to select for their particular model 

needs. Elements require certain variables from the user as initial conditions to start iterations in 

the solver sequence. Some elements contain their own independent and dependent variable pairs 

and an internal solver to calculate pressure drops, flow rates, and equilibrium temperatures, etc.  

 Ports are used to connect elements in NPSS. Each element has its own set of ports 

depending on the function of the element. For instance, a wall element contains thermal input 

ports to calculate equilibrium heat transfer while a pipe element simply contains a port for fluid 

input and fluid output. Two simple rules apply when linking NPSS ports: 

 1) The type of port data input or output must match (fluid, mechanical, thermal) 

 2) Directionality must be preserved i.e. an output port must be connected to an 

    input port 

 Detailed descriptions for each of the elements and their associated ports used in this 

LEC/RL10 modeling effort are provided in Appendix A. Each NPSS element requires a set of 

initial inputs to run the model. While the model will fail to run without many of these initial 

inputs, it is often acceptable to allow some of the inputs to be set to the default value assigned by 

NPSS automatically at runtime. This is acceptable since the inputs are simply used to establish 

the starting point of iterations for the numerical solver, to be discussed in further detail in the 

following section.  
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3.1.2 NPSS Solver 

 
The overall performance of complex engine systems such as the expander cycle rocket 

engine analyzed in this report tends to rely on many interdependent equations that cannot be 

solved directly. Instead, an iterative process must be used to make educated guesses that are 

refined until a sufficient solution is converged upon. It is the purpose of the NPSS solver to 

perform this iterative process based upon an initial system state defined by the user using inputs 

for the various NPSS elements that comprise the model. This iterative approach has the benefit 

of allowing the user to use engineering principles in thermodynamics, fluid mechanics, and 

compressible flow to derive a sufficiently close, but permissibly imperfect initial condition that 

can still provide the desired converged solution. This section will provide an overview of the 

NPSS solver method and the methods used to initialize the steady-state solver. 

 The NPSS solver uses a version of the Newton-Raphson Method to perform iterations 

and converge to a solution. Newton’s method uses an initial guess for x (1.0 as illustrated in the 

example plot below from the NPSS user guide), then uses the slope of the function at x to predict 

a better approximation of x closer to the desired root. For each new refined guess of x, the slope 

at that point is used to make successive guesses and converge to the root. 

 

Fig. 3.1 NPSS Numerical Solver Iterations36 



 

 
 

57 

 
Modifications to Newton’s method can save computational labor in the iteration process 

by avoiding recalculation of predictor slopes at each new value of x. Instead, the initial value for 

the slope is re-used depending on the rate of convergence. Convergence is determined based on 

the change in calculated error with respect to perturbations made in the independent variable. 

 This solver method can be expanded to solve n equations simultaneously. The slopes 

used to make successive guesses in iteration are stored in a matrix of partial derivatives called 

the Jacobian matrix. The Jacobian matrix is updated when a convergence rate criterion indicates 

that error terms are not being reduced rapidly enough. The Jacobian matrix is then recalculated 

by inducing perturbations in the independent variables controlled by the solver. Convergence 

error is measured between independent and dependent variable pairs that are included in the 

NPSS solver by default through the elements added to the model or through explicit declaration 

by the user.  

 In addition to the ability to add independent and dependent pairs to the solver, NPSS also 

allows the user to set specific convergence criterion for each dependent condition.  Perturbation 

sizes, the frequency at which a new Jacobian is formed, damping, max iterations, and 

convergence criteria may also be custom set by the user in the solver file. It is sometimes 

necessary to alter the perturbation step size to speed or necessitate convergence in the model 

solution. 

3.2 Model Validation Using an RL10A-3-3A 

 
Previous analyses of the DEAN concept performed by Hall, Simmons, and Martin lack 

validation of methods used in the design of various components of the engine cycle constructed 

in NPSS. In order to confirm that the assumptions made in this research to model the LEC engine 
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are correct, a full steady-state model of an RL10A-3-3A engine was constructed in NPSS using 

the same key design assumptions that were made for the LEC model. This section provides a 

discussion of methods used to model the RL10 and calculate inputs to NPSS. Performance 

outputs for the RL10 model will be compared to the steady-state performance of the RL10 

engine predicted by a modeling effort performed at NASA Glenn Research Center using the 

ROCETS software, a similar numerical simulation software to NPSS. Results of the NASA 

ROCETS analysis were validated by the researchers using actual RL10A-3-3A experimental data 

provided by Pratt and Whitney Rocketdyne6,7.  

3.2.1 The RL10-3-3A Baseline Engine 

 
 From the schematic depicted in Fig. 3.2, it may be seen that the RL10A-3-3A engine uses 

a single-expander cycle with regenerative cooling. The RL10 features a two-stage pump and 

turbine with a single-stage oxidizer pump. The fuel turbine provides power for both the fuel and 

oxidizer pumps. The turbine shaft is directly connected to the fuel pump, while a gearbox is used 

to connect the turbine to the oxidizer pump. This means that the shaft speed of the fuel pump is 

equal to the shaft speed of the turbine while the shaft speed of the oxidizer pump is a multiple of 

the turbine speed. The RL10 features cool-down and relief valves after the fuel-side 

turbomachinery and between the pumping stages. These valves only operate during the transient 

and startup stages of engine operation. Cryogenic fuel enters the pumps during engine startup 

and is dumped overboard briefly to remove latent heat from the pumps that may cause cavitation 

during startup. Because this LEC engine modeling effort only seeks to model the steady-state 

performance of the engine, the transient case was neglected for the RL10 validation as well. 

Therefore, the cool down and relief valves are not accounted for in the model. 



 

 
 

59 

 The cooling jacket geometry for the RL10 is unique. Fuel enters the cooling jacket inlet 

manifold at a location along the nozzle just after the throat. The fuel then flows through 180 

short cooling channels to the end of the nozzle where the flow direction is reversed and the 

coolant flows through 180 long channels that run the entire length of the thrust chamber to the 

start of the combustion chamber (the injector face). As in the expander architecture discussed in 

chapter 2, the RL10 uses a turbine bypass for primary engine throttling. It should also be noted 

that some of the fuel is taken prior to entering the injector to pressurize the fuel tank. The lost 

fuel mass flow through this bleed is assumed to be negligible and is not modeled in the research. 

The oxidizer flow in the RL10 is relatively simple and follows the single-expander cycle 

architecture discussed previously. 

 

Fig. 3.2 RL10 Engine Cycle Schematic1 

 
Key parameters used in calculating nozzle performance such as thrust, Isp, mass flow 

rate, and expansion ratio were taken from RL10 data published by P&W and are provided in 
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Table 3.1. The importance of these parameters in measuring engine performance and calculating 

other parameters is explained in chapter 2. 

Table 3.1 RL10A-3-3A Key Performance Parameter Inputs for RL106 

Parameter Value from LeRC and P&W 
Average Chamber Radius 5.13 in 
Expansion Ratio 61.0 
Throat Radius 2.47 in 
Chamber Pressure 482.0 psia 
Flame Temperature 5888 R 
O/F Ratio 5.0-5.88 
Mass Flow Rate 37.36 lbm/s 
Thrust 16,500 lbf 
Characteristic Velocity 7824 in/s 
Specific Impulse 440.3 s 

 
 

3.2.2 RL10A-3-3A NPSS Model Overview 

 

 

Fig. 3.3 RL10A-3-3A NPSS Model Schematic 
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Figure 3.3 above shows the NPSS model elements and linkages used to model the steady-

state performance of the RL10A-3-3A engine. Duct# in the figure refers to the NPSS 

preprogrammed element Valve04 which is used to model losses through pipes and orifices. CV# 

represents the modified NPSS element CoolingVolume02 and is used to account for fluid 

volume and static properties. CV# also allows for heat transfer modeling. Pump# and Turb. are 

aliases for the NPSS elements Pump02 and Turb03, which are used to model the 

turbomachinery. The combustion chamber (CC) and the nozzle are modeled using the elements 

RocketNozzle02 and RocketComb1. Wall elements are modeled using Wall2 elements provided 

by NPSS. Each arrow in the figure represents an element port connection, whether it is a fluid 

port, shaft port, or thermal port. The arrow directions indicate the IO status of the ports. More 

detailed information regarding the NPSS elements and ports used and their functionality may be 

found in Appendix A. 

3.2.3 RL10 Thrust Chamber Geometry  

 

 

Fig. 3.4 Station Location Coordinate System (AUSEP) 

 
The thrust chamber geometry must be known to provide required inputs to the 

RocketNozzle02 and RocketComb1 elements. The locations of heat transfer stations along the 

thrust chamber must be known in radial and axial coordinates. These coordinates were 
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determined for the RL10 from data tabulated in the NASA ROCETS analysis. The relevant table 

is reproduced below. 

Table 3.2 Thrust Chamber Coordinate Data for RL10A-3-3A6 

Axial Location Expansion Ratios 
0 4.31 
2 4.27 
4 4.14 
5.968 4.00 
7.932 3.65 
9.946 2.72 
11.982 1.62 
13.5 1.11 
14 1	(throat) 
14.485 1.29 
16.035 2.35 
18.215 4.29 
20.588 6.93 
22.989 9.95 
30.54 20.7 
39.05 33.2 
47.41 45.0 
55.84 56.1 
59.7	 61.0 

 

From Table 3.2, the areas and corresponding radii for each node location may be determined 

from Eq. 2.16. Contours were constructed in Excel using a power series curve fit. It was 

necessary to create separate profiles for the combustion chamber and the nozzle to ensure a 

satisfactory fit. 
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Fig. 3.5 RL10 Combustion Chamber Contour 

 

 

Fig. 3.6 RL10 Diverging Nozzle Contour 

 
From the contours, the required surface areas and section lengths were then calculated 

from the following equations: 
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 𝐿 = 1+ 𝑓! 𝑥 !𝑑𝑥!!
!!  (3.1) 

 𝐴! =  𝑓(𝑥) 1+ (𝑓!(𝑥))!𝑑𝑥!!
!!  (3.2) 

The integration for arc length and surface area was performed using midpoint numerical 

integration. Midpoint integration is based on the summation of rectangles across the integral 

boundary. The height of an individual rectangle is found from the average of the function values 

at the rectangle boundaries, determined by the chosen step size. 

 𝐼𝑛𝑡𝑒𝑔𝑟𝑎𝑙 =  ! ! !! !!!!"#$
!

∗ 𝑥!"#$
!/!"#$
!  (3.3) 

Sufficiently high accuracies for the integral result from choosing a small step size. Using 

numerical integration to calculate the surface area becomes equivalent to summing cylinders 

with a radius equal to the average radius of the thrust chamber over the step size multiplied by 

the section arc length. Again, a reasonably small step size must be chosen for this method to be 

valid. 

3.2.4 Determination of Fluid States and Properties 

 
 Data compiled in the NIST thermo property online database (discussed previously) is 

used by NPSS to determine propellant properties. The NIST information is constructed into 

tables read from NPSS. NPSS uses linear interpolation to find values between and beyond the 

bounds of the tabulated values. It was discovered during this project that the EOS values used by 

NPSS by default were based on only 4 points of reference: O/F = 5.3, 6, 7, 8. A linear 

interpolation was used based on the last two points of reference in the table to determine the state 

properties outside of the table bounds. After comparing the four-point interpolation used by 

NPSS to NIST data, it was discovered that the default NPSS EOS calculation was only valid for 

O/F ranges from 5.3 – 8, with a significant divergence from true EOS values occurring outside of 
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that range due to the inaccuracy of linear interpolation. The difference in state values versus O/F 

for the 4-point interpolation and actual NIST data is shown in Figs. 3.7-3.10 for the LO2-LH2 

combustion products. 

 

Fig. 3.7 Updated Specific Heat Ratio Sensitivity to O/F for H2 and O2 Combustion 
Products 

 

 

Fig. 3.8 Updated Flame Temperature Sensitivity to O/F for H2 and O2 Combustion 
Products 
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Fig. 3.9 Updated Molecular Weight Sensitivity to O/F for H2 and O2 Combustion Products 

 
The impact of the erroneous EOS profiles becomes clear when examining the effect of 

O/F on Isp as depicted in Fig. 3.10. The “good state properties” taken from NIST were used to 

manually update the tables read by NPSS during solver iterations, thereby improving the 

accuracy of the solution. From Fig. 3.10, it is clear that the original 4-point tables were intended 

to only model an engine that operates fairly close the stoichiometric condition (O/F ~ 8). 

However, the result given by the erroneous tables that the maximum Isp occurs at O/F = 6 is 

incorrect as discussed in chapter 2 and leads to the solver reaching the wrong solution in an 

attempt to achieve the design point O/F. The updated NIST tables were applied to both the RL10 

validation model and the LEC engine. 
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Fig. 3.10 Updated Isp Sensitivity to O/F for H2 and O2 Combustion Products 

 
 In stages of the engine cycle before the combustion chamber, the compressibility of 

hydrogen and oxygen flows is accounted for by the EOS data from NIST. H2 is highly 

compressible while O2 is nearly incompressible. The key difficulty in accurately modeling the 

state properties of propellants in the pipes and, particularly, the cooling jacket is determining the 

phase of the fluid at each location. These changes in phase become important for accurately 

determining heat transfer coefficients and pressure drops in the tubes. The LeRC researchers 

discovered in their analysis of the RL10 using ROCETS that despite in-depth thermodynamic 

modeling, the predicted pressure drop and heat pickup across the jacket was still significantly 

different than experimental test data for the RL10 provided by P&W. According to the LeRC 

researchers, some experts concede that state of the art calculations for this sort of complex flow 
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are only on the order of 10%-20% accuracy6. Therefore, the 2D and 3D flow analysis methods 

needed to model pressure drops were considered beyond the scope of this research analysis and 

may be made irrelevant by the inaccuracy present in current methods. It is also worth noting that, 

according to P&W, the total pressure drop and enthalpy change across the cooling jacket varies 

by as much as 10% form engine to engine due to custom manufacturing required to build the 

thrust chambers. Each engine is unique. Due to the unavoidable inaccuracies in calculating the 

specific flow properties of complex, multiphased flow, determination of highly accurate 

properties for the flow in the cooling jacket was deemed beyond the scope of this research and 

was determined to be negligible for a top-level performance evaluation of the LEC engine cycle.  

3.2.5 RL10 Turbopumps 

 
Modeling the turbopump performance in NPSS was done through the use of three 

preprogrammed NPSS elements, Turb03, Pump02, and Shaft (Pump, Turb. and Shaft in Fig. 

3.3). These elements require initial information regarding the state of the fluid, an initial guess at 

mass flow rate, information regarding rotational speed and shaft inertia, and a guess at initial 

design pressure ratio. From this information the turbopumps attempt to calculate the desired 

weight flow through the system and the Shaft element balances the power required by the pumps 

with the power required by the shaft using the theory discussed in chapter 2. Appendix A 

provides further information regarding the NPSS elements used. 

 For the steady-state analysis, estimates of the turbine and pump shaft speeds, efficiencies, 

and pressure ratios were taken from data in the LeRC tables provided below. 
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Table 3.3 RL10A-3-3A Fuel Turbopump Performance Parameters6 

Parameter 1st Stage 2nd Stage 
Pump Impeller Diameter 7.07 in 7.07 in 
Pump Exit Blade Height 0.230 in 0.220 
Pump Head 16,969 ft 17,989 ft 
Pump Mass Flow 6.051 lbm/s 6.008 lbm/s 
Fluid Temperature Rise 9.23 R 10.2 R 
Pump Efficiency 0.5810 0.5619 
Shaft Speed 31,537 rpm  
Turbine Meanline Diameter 5.90 in  
Turbine Pressure Ratio 1.39  
Turbine Mass flow 5.89 lbm/s  
Turbine Temperature Drop 24.5 R  
Shaft Speed 31,537 rpm  
Mass Moment of Inertia 0.0776 lbf-in-s2  
Drag Torque 20.0 lbf-in  

      (Reproduced from NASA work. No permission required) 

Table 3.4 RL10A-3-3A Oxidizer Pump Performance Parameters6 

Parameter 1st Stage (no 2nd stage) 
Pump Impeller Diameter 4.20 in 
Pump Exit Blade Height 0.251 in 
Pump Head 1,212 ft 
Pump Mass Flow 31.40 lbm/s 
Fluid Temperature Rise 3.85 R 
Pump Efficiency 0.6422 
Shaft Speed 12,615 rpm 

      (Reproduced from NASA work. No permission required) 

 
The oxidizer and fuel weight flows, however, were left as dynamic calculations knowing 

the required thrust level and O/F ratio provided in Table 1.1 and using the following equation: 

 𝑚!" =
!

!!!
𝑚 (3.4) 

 𝑚! = 𝑚 −𝑚!" (3.5) 

 To calculate the flow of fuel through the turbine, the bypass flow must be taken into 

account. This was done by expressing the flow through the bypass as a percentage of the total 
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fuel mass flow. A value of 1.4% was used for the bypass mass flow based on the steady-state 

station mass flows from LeRC. 

3.2.6 RL10 Cooling Jacket Geometry and Heat Transfer 

 
For the NPSS RL10A-3-3A validation model, the thrust chamber contour was divided 

into 10 sections spaced evenly over the axial length of the thrust chamber. The 10 sections are 

used to model 16 heat pickup nodes. The six node locations occurring after the cooling jacket 

inlet manifold location at x = 27 inches are used for two nodes each. This was done to model the 

flow in both the short tubes travelling to the end of the nozzle (stations 7-12) and the long tubes 

that overlap that section (stations 13-18). Figure 3.11 below shows the node locations along the 

full thrust chamber profile. 

 

Fig. 3.11 RL10 Cooling Station Locations 

 
 Each heat node location has one combustion chamber or nozzle thermal output port 

associated with it as well as one Wall2 element and one ControlVolume02 element to model the 
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heat transfer from the node location to the fluid in the cooling jacket. It is possible to assign 

multiple thermal output ports to a single CV element (see Appendix A). However, this measure 

reduces the resolution of fluid static property calculations for the coolant along the thrust 

chamber. Resolution of the wall temperature profile is also adversely affected if too many 

thermal ports are assigned to an individual Wall2 element. This practice becomes dangerous 

especially when determining the location of the maximum wall temperature (usually at the 

throat) or at any other location along the thrust chamber where the rate of change of temperature 

per length of wall is high and high resolution is desired. In the ROCETS model completed by 

NASA LeRC, a study of solution accuracy vs. cooling jacket node resolution was performed. For 

the first case, a sparse distribution of only 5 nodes was used across the thrust chamber. This 

sparse distribution reduced computation time by decreasing the number of elements in the model, 

but did not allow sufficient resolution in wall temperature6. The research team eventually settled 

on a design that assigned between 2 and 5 thermal port nodes to each CV. This made for 5 total 

CVs with 20 node locations. It was discovered that this hybrid architecture allowed sufficient 

wall temperature resolution while also significantly reducing computation time compared to the 

model with 20 CV elements. For this research, 1 CV is allocated to each node. This method 

proved acceptable for this research effort since the number of nodes is relatively small. Future 

efforts that wish to employ significantly higher node resolutions should explore the hybrid 

technique used by the LeRC team.  

Figure 3.12 below shows the approximate cross-sectional geometry for a single RL10 

cooling channel. The geometry consists of a rectangular section, D x H, and two semicircular 

caps of diameter, D. The area and perimeter of the cross-section of an individual channel are then 
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given by Eqs. 3.6 and 3.7. Eq. 3.8 gives the surface area of a single channel segment, where L is 

calculated using the arc length as previously discussed.  

 𝐴!! =
!!!!

!

!
+ 𝐷!! ∗ 𝐻!! (3.6) 

 𝑃!! = 𝜋𝐷!! + 2𝐻!! (3.7) 

 𝑆𝐴!! = 𝑃!! ∗ 𝐿 (3.8) 

 

Fig. 3.12 RL10 Cooling Channel Cross-Section 

 
 The dimensions of the cooling channels are not constant along the length of the thrust 

chamber. The local radius of the chamber and the channel wall thickness limit the diameter of 

the channels because they are fitted together around the circumference of the chamber cross-

section as shown previously in Fig. 2.12.  

 The geometry of the channels becomes important when calculating the heat transfer and 

pressure drops occurring across the cooling jacket as can be seen from Eqs. 2.29, 2.32, and 2.45 

in chapter 2. Particularly important is the surface area of the inside of the cooling channels for 

pressure drop calculations and the cross-sectional area for calculating heat transfer properties 

using the Colburn and Bartz relations. The cross-sectional flow area is also used by cooling 

volumes to calculate static properties. 

 The channel height varies with H, which is also a function of the radial location of the 

channel tubes. It is desired that the aspect ratio of the channels, H/D, remain constant throughout 
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the length of the combustion chamber. The height and diameter of the channels at each location 

along the thrust chamber were then determined by the following equations: 

 𝐷!! =
!!
!
− 2𝑡!! (3.9) 

 𝐻 = 𝑐𝐷!! (3.10) 

For the channel wall thickness, a value of .013 inches was recommended by P&W6. The 

value of the aspect ratio constant, c, is determined using an iterative approach. The total coolant 

volume is known for the RL10 from estimations made by the LeRC modeling team. For each 

iteration of c, the individual station volumes along the cooling jacket are summed and compared 

to the expected total volume. Iterations of c continue until the correct total volume is found. 

Knowing the dimensions of the channel cross-section allows for calculation of the necessary area 

and volume inputs for the Bartz and Colburn equations for heat transfer and also the pressure 

losses occurring in the cooling jacket channels. For the RL10 that the jacket consists of a 360-

tube section and a 180-tube section as previously discussed. However, the flow for each station 

is always through 180 tubes. If the thrust chamber was a constant radius, this would mean a 

significant decrease in the channel diameter for the 360-tube section and, therefore, a decrease in 

the flow area of coolant. However, because the 360-tube section occurs at the largest radii node 

locations along the nozzle, coolant flow area remains more uniform. Due to modeling input 

constraints, a small discontinuity in cross-sectional area does occur at the intersection of the 360- 

and 180-tube sections, which may cause some inconsistency in flow property calculations. An 

effort was made to smooth the cross-sectional area profile at this location to improve heat 

transfer calculation accuracy. In manufacturing, cooling channels at this location undergo 

flattening to reduce losses at the transition location and discontinuities in fluid velocity.  
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After preliminary investigation, it was found that the heat transfer occurring in the 

cooling jacket was overly optimistic when compared to experimental data relayed by the NASA 

ROCETS team. The heat pickup at each cooling station was nearly double that expected for the 

RL10, leading to twice the overall heat transfer and coolant temperature rise for the full jacket. 

This result is consistent with the initial findings of the NASA ROCETS analysis. As is, the 

physical processes occurring in the jacket are too complex for the heat transfer and associated 

static properties to be calculated using the Bartz and Colburn relations without the use of a scale 

factor, referred to as ϕB and ϕcurv in Eqs. 2.29 and 2.32. For this analysis, it was found that ϕB = 

0.56 and ϕcurv = 0.9. Therefore, the heat transfer occurring between the hot gas and the wall was 

44% too high and the heat transfer occurring between the wall and the coolant was 10% too high 

without applied scale factors. The scale factors were applied equally to every node on the hot and 

cold wall sides respectively. Trial and error was used to balance the coefficients such that the 

maximum wall temperature and total jacket heat transfer agreed with experimental RL10 data. 

Determining the value of these coefficients was instrumental in validating jacket heat transfer for 

the LEC engine. 

3.2.7 RL10 Plumbing and Overall Pressure Profile 

 
 This section discusses the methods used to model pressure changes occurring in the 

plumbing of the RL10. That is, the ductwork and pipes aside from the primary components like 

turbomachinery, cooling jacket, and thrust chamber. Sections of pipe were modeled using chains 

of CoolingVolume02 and Valve04 elements (with CavVenturi being used to model the Venturi 

tube before the turbine). Figure 3.3 depicts this methodology for the RL10 model. It was 

necessary to use the combination of the two element types to fully capture the static conditions 

(calculated by the CV elements) and the pressure drops (calculated by the Valve04 elements) for 
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each distinct plumbing section. More information on the inputs and functionality of the relevant 

NPSS elements is provided in Appendix A. 

For the RL10, existing data is available from the NASA LeRC analysis that used 

estimations from design prints provided to the NASA team by P&W Rocketdyne regarding the 

dynamic volume of various components of the engine and various cross-sectional areas of major 

ducts and orifices. This data from the ROCETS analysis is provided below in Tables 3.5 and 3.6.  

Table 3.5 RL10A-3-3A Model Dynamic Volumes6 

Parameter Size Specified from 
Prints [in3] 

Size in Baseline 
Model [in3] 

LOX Pump Inlet 30 - 
LOX Pump Supply Line 250 - 
Fuel Pump Interstage Duct 44.8 - 
Fuel Pump Discharge Duct 47.0 - 
Cooling Jacket Inlet Manifold 91.0 110.95 
Cooling Jacket Tubes 971.8 915.9 
Venturi Duct 167.2 286.6 
Turbine Discharge to MFSOV 309.8 428.11 
Fuel Injector Plenum - 123.98 
LOX Injector Plenum - 86.87 
Combustion Chamber 803.3 931.0 

  (Reproduced from NASA work. Permission not required) 

Table 3.6 RL10A-3-3A Major Duct and Valve Characteristics6 

Resistance Name Flow Area [in2] ΔP [psid] Mass Flow Rate [lbm/s] 
Fuel Inlet Valve 6.34 0.472 6.05 
Fuel Pump Discharge Duct 1.77 39.5 5.97 
Fuel Venturi 3.55:1.05 (inlet:throat) 17.5 5.97 
Thrust Control Valve .0158 234 0.0839 
Turbine Discharge Housing 20.2:4.53 (inlet:exit) 18.0 5.89 
Turbine Discharge Duct 4.53 10.3 5.97 
Fuel Shut-off Valve 3.24 38.2 5.97 
Fuel Injectors (total) 2.30 62.3 5.97 
Oxidizer Inlet Valve 6.34 0.798 31.4 
Oxidizer Control Valve 0.615 84.8 31.4 
Oxidizer Injectors 2.08 66.8 31.4 

 (Reproduced from NASA work. Permission not required) 
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Knowing the volume and cross-sectional area of the ducts allowed for the estimation of 

the duct lengths knowing that L = V/A. The volumes, physical areas, and duct lengths were then 

provided as inputs for the Valve04, CoolingVolume02, and CavVenturi elements that were used 

to model the plumbing.  

K-factors for determination of losses due to friction were determined knowing the tube 

areas and lengths in accordance with the D-W equation (Eq. 2.45). For the cooling jacket, 

determination of adequate values proved significantly more difficult due to the lack of 

information on static values at intermediate stations in the jacket and the complexity of fluid 

flow properties and heat transfer occurring in the jacket. First, K-values were calculated based on 

static properties and the D-W equation as was done for plumbing outside of the jacket. A scale 

factor for K-values was then developed based on channel geometries to provide the total pressure 

drop in the jacket predicted by the NASA ROCETS project. The need for a scale factor arises 

from the transition of fluid flow from one large pipe at the jacket manifold to 360 and eventually 

180 small tubes in the jacket. Without the scale factor, NPSS applies a given K-value to a single 

large, virtual, pipe with a diameter proportional to the entire cross-sectional area of the flow in a 

particular cooling section. By this method, the increase in wetted pipe wall area is not accounted 

for in friction loss calculations. The scale factor for a particular Duct station was calculated using 

a ratio of surface areas depicted by Eq. 3.11 below. 

 𝐾!"#$% =
!!!!

!!!"!!,!"#
= !"!!!",!!

!"!!!",!"#
= !"!!!"!!!

!"
!!!!!",!"#

!

= 𝑛!! (3.11) 

𝐾!"#$% = 𝐾 ∗ 𝐾!"#$% 
 
 The desired scale factor for friction losses in the jacket was therefore determined to be 

simply the square root of the number of cooling channels for a given cooling station. 
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 The pressure profile was solved backwards in the cycle starting at the known chamber 

pressure for the RL10, the pressures for the injector, piping, turbine discharge, etc. were solved 

for sequentially until just after the fuel pumps. For the pressure loss at the injectors, a value of 

13% of the chamber pressure was provided from P&W RL10 data. The Darcy-Weisbach 

equation was then used to solve for pressures across segments of pipe. Known pressure ratios 

were used to determine pressures across pumps and turbines. For the cycle from the tank to the 

pumps, the pressure profile was determined starting at the tanks and ending just before the 

pumps. This means that calculations for the pressure profile start separately from the chamber 

and storage tank and meet at the pumps. Using this method is not important when considering 

the RL10 since the pressure ratios for the RL10 pumps are already known. The significance, 

however, of solving for pressure in this order is made clear when considering the LEC engine (to 

be discussed later). 

3.2.8 RL10 NPSS Solver Setup 

 
Table 3.7 below shows the user-defined independent and dependent pairs that were added 

to the NPSS solver for the RL10 model. Comparing to Table 3.10 that provides the independents 

and dependents supplied to the LEC model, the key addition to the LEC model solver is the 

pressure ratios across the pumps. For the RL10, the desired pressure ratios are already known 

based on information provided by P&W and NASA LeRC. For the LEC, the pressure ratios 

across the pumps had to be treated as independent variables for the solver to vary until the 

pressure ratios across the pump stages were equal.   
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Table 3.7 RL10 Model User-Defined Indep./Dep. Pairs 

Independent Variable Dependent Condition 
Oxidizer inlet pressure loss Fuel pressure before injector = 𝑃! + injector pressure loss 
Fuel MSOV pressure loss Oxidizer pressure before injector = 𝑃! + injector pressure loss 
Oxidizer injector loss Nozzle calculated thrust = thrust desired 
Fuel injector loss Comb. Chamber O/F =  O/F desired 

 

3.2.9 RL10 Steady-State Performance Verification 

 
Figures 3.13 and 3.14 below show the static pressure profiles predicted by the RL10 

model for the fuel cycle and oxidizer side respectively. Good agreement was found for cycle 

pressures between the NASA ROCETS model and the NPSS model as depicted in the figures. 

Pressure values were not provided for the fuel pump inter-stage section and for particular stations 

in the cooling jacket (depicted by the dashed lines). However, despite the lack of data for 

intermediate locations in the jacket, it may be seen from that a similar total pressure drop over 

the jacket was achieved for the NPSS and ROCETS analyses. It may also be noted from the plot 

that the vast majority of the pressure drop occurs in the throat and combustion chamber regions. 

From the D-W equation, these pressure drops are due to the increased fluid velocity and 

significantly reduced coolant cross-sectional flow area near the throat location in the jacket. 

Turbine losses after the jacket also agree with the ROCETS analysis, eventually yielding 

approximately the same pressure going into the injector plenum. 
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Fig. 3.13 RL10 Fuel Pressure Profile 

While the fluid state of the oxidizer side is less complex and crucial to the validation 

model due to the lack of regenerative cooling, it is nonetheless important for verification of static 

property tables used by NPSS for oxygen. Figure 3.14 below indicated good agreement with the 

ROCETS model results for the static pressure of oxygen from the tank to the injector. Very little 

error is observed in table values. 

 

Fig. 3.14 RL10 Oxidizer Pressure Profile 
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 Figure 5.15 shows the temperature throughout the fuel expander cycle for the RL10 

model. As with the pressure profile, temperature data for stations within the cooling jacket was 

lacking. The primary comparison of interest is then the total temperature rise across the cooling 

jacket, which, for the same mass flow rate and coolant volume, is also indicative of the accuracy 

of the coolant enthalpy and total heat pickup. Good agreement was found for total temperature 

and enthalpy rise across the jacket. This provides further validation for tabulated NIST data 

regarding LH2 and also indicates a proper choice of heat transfer coefficients and scale factors 

for the Bartz and Colburn equations. It may be noticed that the rate of increase of coolant 

temperature and corresponding energy content increases significantly at the throat and 

combustion chamber locations due to the greatly increased wall temperatures at these locations 

as depicted in Fig. 3.17. 

 

Fig. 3.15 RL10 Fuel Temperature Profile 

 
 Again, oxidizer static values were found to be highly consistent with those predicted by 

the NASA ROCETS analysis. Some variance for fluid temperature was observed for station 2. 
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However, the enthalpy did not reflect this difference. This difference in agreement between the 

temperature and enthalpy accuracy indicates that the Cp for oxygen determined from NIST data 

may be different between the ROCETS and NPSS analyses. 

 

Fig. 3.16 RL10 Oxidizer Enthalpy Profile 

 

 

Fig. 3.17 Wall Temperature Profile 
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Figure 3.17 above shows predicted wall temperatures predicted by NPSS for the RL10 

model. As expected from fluid velocities and the cross-sectional area of coolant flow, the hottest 

point occurs in the throat. It may be seen that the profile resolution is lacking somewhat where 

temperature is rapidly changing in the throat region. For the validation model, high resolution 

was not required as the total pressure and temperature changes across the jacket were of principle 

importance. However, enough resolution was required to ensure that the temperature at the throat 

was captured in order to determine the heat transfer scale factors to give the appropriate 

maximum wall temperature. As can be seen from the figure, the maximum temperature found is 

in good agreement with the value predicted by ROCETS to fit experimental RL10 data. 

 Table 3.8 below shows the overall RL10A-3-3A performance prediction of the NPSS 

model in comparison with values predicted by the NASA ROCETS analysis. Thrust is excluded 

since the user-defined solver dependent conditions ensured that the model converged to O/F = 

5.5 and Thrust = 16,500lbf. The RL10A-3-3A was designed to adjust the O/F ratio between 5.0 

and 6.0 and conflicting reports for O/F were provided in the ROCETS analysis, so an average 

value for O/F of 5.5 was chosen for the steady-state design point in the NPSS model. 

Table 3.8 RL10A-3-3A Model Performance Comparison 

Parameter NPSS NASA ROCETS % Difference 
Mass flow 36.71 lbm/s 36.92 lbm/s 0.569% 
Isp 449.4 s 445.6 s 0.853% 
Thrust 16,500 lbf 16412 lbf 1.37%* 
Surface area 6609 in2 7200 in2 (effective) 8.21% 
Coolant Volume 1080 in3 966.1 in3 11.8% 
P_c 456.0 psia 473.5 psia 3.70% 
O/F 5.50 5.055 8.80% 
Max Wall Temp 1,531 R 1500 R 2.07% 
Jacket Pressure Drop 234.1 psia 195.7 psia 19.6% 
Jacket Temperature Rise 321.7 326.3 R 1.41% 
Jacket Enthalpy Rise 1,304 Btu/lbm 1,268 Btu/lbm 2.84% 
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As seen in the table, small error was found for most parameters. However, there are a few 

significant differences that must be addressed. The surface area for the NPSS RL10 model was 

calculated for the cooling tubes only, neglecting the injector effective heat transfer area and also 

the heat transfer occurring in the various jacket manifolds. These areas were accounted for in the 

ROCETS analysis, estimated from design drawings provided by P&W. This level of detail 

regarding jacket geometry goes beyond the scope of this NPSS validation model and was not 

found to be a limiting factor for convergence of the model. Similar error in geometry detail is 

also to blame for the 11.8% difference in coolant volume as the volume present in manifolds was 

not included in the volume calculation. Despite these errors, predicted enthalpies and jacket 

temperature rise predicted were within acceptable limits. 

Of particular concern is the percent difference observed between the ROCETS and NPSS 

analysis is the 19.6% in total jacket pressure drop and 3.7% difference in chamber pressure. It is 

possible that these two differences are linked. The original difference in pressure profile values 

must arise from the required chamber pressure calculated by NPSS. Knowing the injector losses, 

the rest of the pressure is calculated backwards relative to the direction of LH2 flow. The lower 

than expected chamber pressure is likely due to overoptimistic thrust chamber loss assumptions 

made by NPSS. This is one potential cause of the excessive pressure drop predicted by the 

cooling jacket, since the model may be attempting to lower the pressure at the end of the jacket 

to meet the required pressures prior to entering the injector. An effort was made to adjust the 

thrust chamber losses using an internal variable for the RocketNozzle element. However, the 

required losses were not achievable. The performance values reflected for the thrust chamber 

assume a loss of 10%. The result that jacket pressure loss predicted in the NPSS model is greater 

than the pressure drop from the NASA analysis means that the derived K-value scale factor 
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previously discussed provides a conservative estimate for pressure losses occurring within the 

jacket. Thus, the K-value scale factor was deemed acceptable to best represent the physics of the 

model while simultaneously providing a conservative estimate for LEC jacket pressure loss 

calculations. 

Additionally, the 8.8% difference depicted for O/F in Table 3.8 may be explained 

considering the differences in solver constraints for the NPSS simulation performed in this 

research and the ROCETS simulation performed by NASA. For this research, the solver is forced 

to converge to a specific thrust and O/F, whereas in the NASA analysis the O/F is varied by the 

solver to converge to a solution. Reported values for the RL10A-3-3A are conflicting from the 

NASA analysis report and external sources list the true RL10A-3-3A O/F at several different 

values between 5.0 and 6.0. Thus, an O/F of 5.5 was chosen as a mid-field approximation, 

lacking more accurate data for comparison and also in an attempt to fit data as a whole better 

rather than O/F individually. 

3.3 NPSS LEC Model 

 
This section discusses the methods used to model the hypothetical dual-expander cycle 

engine. The methods used to model the LEC engine closely followed those used for the RL10 to 

ensure that modeling techniques were valid. Therefore, only deviations in methodology from that 

used for the RL10A-3-3A validation model will be discussed. The RL10 model was of principal 

importance in determining scale factors for pressure drops and heat transfer rate occurring in the 

cooling jacket.  
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3.3.1 LEC Model Overview 

 
Figure 3.18 below shows the arrangement of NPSS elements that were used to construct 

the LEC model. The fuel side is not depicted in the figure, but is a mirror image of the oxidizer 

side with the exception that the fuel side heat transfer includes the combustion chamber wall 

whereas the oxidizer side only cools part of the nozzle (illustrated in more detail by Fig. 3.22).  

 

Fig. 3.18 LEC NPSS Model Schematic (Oxidizer Side Only) 

 
 From Fig. 3.18, there is no physical connection between the oxidizer and fuel side for the 

LEC. Each side has its own shaft, turbine, and pump elements to perform the power balances. 

The two cycles are linked by the constraint that both sides must satisfy the same chamber 

pressure when entering the thrust chamber.  
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 Comparing Fig. 3.18 to Fig. 3.3, the similarity of the LEC engine to the RL10A-3-3A 

validation model may be clearly seen. This similarity in model structure was critical to the 

validation process to ensure that the methods chosen in establishing initial conditions and the 

constraints placed on the LEC and validation models had the same impact on convergence for 

both engines. As with the RL10, the static properties and pressure losses were calculated in the 

model through the use of alternating CoolingVolume02 and Valve04 elements (rectangular and 

ovular shapes in Fig. 3.18) respectively. Again, as with the RL10 schematic, the wall elements 

are lumped together in the figure but are in actuality separated with one element corresponding 

to each cooling node and associated CV element for coolant-side heat transfer.  

3.3.2 LEC Geometry and Sizing  

 
The thrust chamber geometry for the LEC engine is derived from the geometry of the 

RL10 thrust chamber used in the validation model. The RL10 thrust chamber is scaled for the 

LEC based on the design point inputs, particularly the throat area in this case. Table 3.9 below 

provides the user-defined design point variables derived from the model design criteria discussed 

in the Problem Statement in chapter 1.  

Table 3.9 Solution Space for LEC Design Point Variables 

Design Point Parameter Range to be Examined 
Gross Thrust 30,000 lbf 
Expansion Ratio 100-250 
Throat Area 18-30 in! 
O/F Ratio 5.88 
Characteristic Length 25 – 45 in 
Ox/Fuel Cooling Transition Expansion Ratio 5-55 

 

The LEC inputs are coded in the NPSS input script files such that all geometry definition 

and inputs determined are based on these 6 user-defined variables. These variables serve to 
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define the design point of the LEC engine and are, themselves, dependent upon what use is 

required of the engine, whether it be main-stage or in-space. The throat area is used for overall 

thrust chamber sizing (scaling of the RL10 profiles) and adjustments in chamber pressure. 

Knowing the throat area, expansion ratio, and chamber ratio set by the design point, the chamber 

radius, nozzle exit radius, and combustion chamber volume may be calculated. The chamber 

volume is calculated from the characteristic length as discussed previously in chapter 2. This 

method is used in preliminary design to ensure proper combustion takes place. 

 𝑐ℎ𝑎𝑚𝑏𝑒𝑟 𝑟𝑎𝑡𝑖𝑜 = 𝜀! =
!!
!!

 (3.12) 

 𝑟! =
!!!!
!

 (3.13) 

 𝑟! =
!!!!
!

 (3.14) 

 𝑉! = 𝐿∗𝐴! (3.15) 

The actual chamber length is then calculated knowing the area of the throat and combustion 

chamber as discussed in chapter 2.  

3.3.3 Establishing LEC Chamber Conditions 

 
For the LEC, it is necessary to solve for the initial static conditions in the combustion 

chamber since this data is not provided from previous analysis, as was the case for the RL10. 

The chamber conditions are critical for finding the static conditions for the rest of the engine 

cycle as the pressures and temperatures are solved in reverse order by NPSS, starting at the 

chamber and working backwards using pipe loss and turbopump pressure ratios to determine the 

static profile until after the pump.  
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 The chamber conditions are a direct function of the propellant properties as discussed in 

chapter 2. The design propellant properties were controlled in the model primarily through the 

user-defined O/F design point property. It was desired that the static conditions in the 

combustion chamber be a function entirely of O/F. This was accomplished using the CEA 

software with an estimated chamber pressure of 1000 psia, yielding the plots shown in Figs. 

3.19-3.21 for the combustion temperature, specific heat ratio, and characteristic velocity. The 

RL10 sees chamber pressures on the order of 500 psia, however, 1000 psia is acceptable for 

determining initial inputs given the flexibility of the NPSS model solver as discussed at the 

beginning of this chapter. 

 

Fig. 3.19 LEC Engine Input Characteristic Velocity with Mixture Ratio 
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Fig. 3.20 LEC Engine Input Specific Heat Ratio with Mixture Ratio 

 

 

Fig. 3.21 Engine Input Chamber Temperature with Mixture Ratio 

 
Having calculated the combustion temperature, specific heat ratio, and characteristic 

velocity from the CEA profiles provided in Figs. 3.19-3.21, the nozzle exit Mach number, design 
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point specific impulse, and finally the chamber pressure were calculated as discussed in chapter 

2. Note that the exit Mach number must be solved numerically since the equation is 

transcendental. The exit pressure is assumed to be the ambient pressure for ideal expansion. 

3.3.4 LEC Turbopumps 

 
Turbopump modeling was performed using the same methodology as in the RL10 

validation model. However, unlike the RL10 model, turbine and pump efficiencies for the 

theoretical LEC engine are unknown. Inputs for the turbine and pump elements relied on values 

chosen from typical operating ranges for state of the art engines. Pump and turbine efficiencies 

were chosen to be 80% and high shaft speeds were selected assuming high performance, inert 

fluid lubricated turbopumps. These selected inputs are significantly more optimistic than those 

used in the RL10 validation model. However, turbomachinery technology that served as the basis 

for the RL10 model has aged 20-30 years, and the LEC engine benefits from advancements in 

turbomachinery performance. 

3.3.5 LEC Cooling Jacket 

 
As discussed previously, the LEC engine requires cooling by both the fuel, LH2, and the 

oxidizer, LO2. Due to the higher Cp of LH2 and, therefore, its greater potential for cooling, the 

fuel is used to cool the hotter parts of the thrust chamber, the combustion chamber and throat. 

The LO2 is then used to cool the cooler nozzle section, but over a larger surface area to 

necessitate greater heat pickup of the low heat capacity coolant. For the LEC, heat node 

resolution was increased to provide higher wall temperature profile fidelity. The fuel cooling 

section and oxidizer cooling section were each modeled with 20 thermal output ports, meaning 

that the total heat transfer and wall temperature determination was determined at 40 distinct node 
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locations along the entire thrust chamber profile. Oxidizer flow moves from the end of the 

nozzle, oxidizer station 7, to station 26 just after the throat. The fuel flow starts from this location 

past the throat and proceeds to the injector face. The location where the LOX cooling terminates 

and the fuel cooling begins should be optimized for a dual-expander cooling jacket design. This 

optimization was beyond the scope of this analysis but should be implemented in future work. 

The starting location of LOX cooling may also be optimized to potentially reduce cooling jacket 

plumbing and the associated pressure drop. A sensitivity analysis was performed for the coolant 

transition location and will be discussed in chapter 4. 

 

Fig. 3.22 LEC Cooling Station Locations 

 
 Determination of surface areas and channel segment lengths for the LEC cooling jacket 

followed the numerical integration methods discussed for the RL10. The cooling channels for the 

LEC, unlike the RL10 were given a rectangular cross-section, which is more representative of 

typical channel geometries. For the LEC engine, approximations for the total cross-sectional 

flow area of the cooling locations were estimated from the propellant mass flow rate through the 
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jacket, the local density, and the estimated flow velocity. The flow velocity was estimated as 

10% of the local speed of sound from empirical data22. Similar approximations using a fraction 

of the speed of sound were applied in the combustion chamber (0.4*a). This was done to prevent 

theoretical calculations from predicting unrealistic, sonic flow velocities, as these do not occur in 

an actual engine. The speed of sound and local density are found from NIST data for the 

equation of state. Appendix C provides outputs for EOS properties as a function of temperature.  

As with the RL10A-3-3A validation model, Eqs. 2.29 and 2.32 were used to calculate the 

hot and cold-side convective heat transfer coefficients. The same scale factors used to determine 

the correct total heat transfer and maximum wall temperature in the RL10 cooling jacket were 

applied to the LEC engine thermal ports. However, no scale factor could be applied with any 

basis to the cold-side LOX heat transfer as the RL10 validation model does not incorporate LOX 

cooling and no reliable data was able to be obtained concerning LOX heat transfer correlations at 

the temperature and pressure ranges desired. The scale factor for LOX cold-wall  heat transfer 

was assumed to be the default value of 1.0, which is likely to be overly optimistic but requires 

experimental LOX testing for refinement. 

3.3.6 LEC Plumbing and Overall Pressure Profile 

 
 The pressure profiles for both the oxidizer and fuel side were determined in the same 

manner as was used for the RL10 with a disconnect in calculation order occurring at the pumps 

for each cycle. Connecting these to separately calculated profiles becomes the job of the NPSS 

solver. Table 3.10 gives the set of independent and dependent variable pairs for the LEC engine. 

The pump pressure ratios were manually set to allow control by the NPSS solver until the system 

power balance was achieved and the pressure on both sides of the pump provided the required 
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pressure ratio. This method effectively solved the discontinuity problem in pressure profile 

calculations.  

 Rather than being estimated through known volumes and cross-sectional areas, the 

lengths of pipe sections for the LEC engine are estimated from approximate lengths expected for 

similarly sized engines. Considering that the inputs provided to NPSS merely provide an initial 

condition that the solver iterates on to find a solution (see explanation of solver operation in 

chapter 3) it is not necessary for the pipe lengths to be exact to calculate engine performance. 

The impact on the pressure profile from the large-diameter, relatively short pipe lengths is 

minimal and the only contribution of these segments is relatively small adjustments to the cycle 

pressure profile from frictional losses. 

3.3.7 LEC NPSS Solver Setup 

 
Table 3.10 below gives the independent and dependent variable pairs that were manually 

added to the solver for this LEC modeling project. 

Table 3.10 LEC Model User-Defined Indep./Dep. Pairs 

Independent Variable Dependent Condition 
Oxygen injector entrance pressure 
losses 

Fuel pressure before injector = 𝑃! + injector pressure 
loss 

Fuel injector entrance pressure losses Oxidizer pressure before injector = 𝑃! + injector 
pressure loss 

Fuel Pump1 PR Fuel Pump1 PR = Fuel Pump2 PR 
Fuel Pump2 PR Oxidizer Pump1 PR = Oxidizer Pump2 PR 
Oxidizer Pump1 pressure ratio Comb. Chamber OF = OF desired 
Oxidizer Pump2 pressure ratio Nozzle calculated thrust = thrust desired 
 

By adding these conditions for the solver to satisfy, it was ensured that the solution 

converged upon would satisfy particular design constraints desired for the engine such as thrust 

level, pump performances, OF ratio, and injector losses. Adding the pump pressure ratios as 
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independents to the solver provided for a more robust solution by allowing the solver to vary the 

pump performances with a variable other than the propellant weight flows. This measure was 

also necessary since the true pump performance at steady-state for the hypothetical LEC engine 

is unknown. The dependent conditions imply the assumption that the gearing ratio between pump 

stages is the same for the fuel and oxidizer side respectively. This assumption reduces the 

number of possible solutions to the system and more realistically depicts the operation of an 

actual expander turbopump. A gear ratio of 1 is also used for the RL10 turbopump as discussed 

previously. The solver is also provided the pressures prior to injector entry as an independent 

variable for both the oxidizer and the fuel side. This serves as a damping factor for iterations and 

also, by the dependent constraint, ensures that the solution converges to the desired injector 

pressure loss.  

3.3.8 Model Uncertainties 

 
 The RL10A-3-3A modeling effort benefitted greatly from previous modeling efforts 

performed by NASA LeRC and P&W Rocketdyne. Many of the model inputs came directly from 

the P&W design reports for the RL10 or measurements made by NASA. However, error existing 

in the NASA ROCETS outputs will need to be shared by outputs from the NPSS validation 

model due to the lack of direct access to RL10 design reports and experimental data in this 

research. The LEC does not have the benefit of pre-existing hardware to provide inputs. 

Therefore, many of the initial inputs to the NPSS solver for the LEC engine were determined by 

setting a design point and calculating inputs dynamically. It may then be said that not all of the 

methods used to model the LEC were directly validated using the RL10 model. However, 

instances when deviations in methodology occurred in the LEC model were limited to the use of 

well-established theoretical principles in thermodynamics, fluid mechanics, and compressible 
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flow. Again, it is important to consider the relevancy of initial inputs to the model final solution 

and outputs. Fluid state information as well as other inputs need only be close to the steady-state 

model output. The powerful NPSS solver will perturb the initial values until the final solution is 

reached, allowing some flexibility in the error of initial inputs. Overall, validation using the 

RL10A-3-3A model was successful in determining and verifying those methods that are less 

concretely proven by well established theory used to estimate the most complex and difficult 

aspects of the LEC mode, particularly interactions in the cooling jacket. 
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4 RESULTS AND DISCUSSION 

 

4.1 LEC Design Variables Solution Space 

 
Table 3.9 in chapter 3 outlines the solution space examined for the LEC engine. It was 

difficult to find converging models outside this range of the design variables L*, At, ε, and εtrans. 

For the desired design constraints, possible engine configurations were determined throughout 

the solution space using a Python script to automatically step through every possible solution. 

Out of nearly 500 potential engine configurations, approximately 67 working engines were 

found. Of the possible engine configurations, less than half of them fit the size constraint 

introduced in Table 1.1. Figure 4.1 below shows the maximum engine length and diameter 

(corresponding to the nozzle exit diameter) for the solution space. Step sizes chosen were fairly 

coarse to save computation time. 

 

Fig. 4.1 Trade Space Engine Sizes
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As seen in Fig. 4.1, less than half of the potential solutions exist within the engine size 

requirements. Only one engine configuration was found to meet the optimal diameter constraint. 

The engine size is dependent on several parameters but is especially sensitive to throat area and, 

particularly, expansion ratio. The solution depicted in Fig. 4.1 for De ~ 57” corresponds to a 

throat are of 18” and an expansion ratio of 100. Thus, this solution represents approximately the 

smallest engine that may be achieved for the given trade space. It was found that the model 

became quite brittle at relatively low expansion ratios around 100. Attempts to further reduce the 

expansion ratio for direct comparison with the RL10A-3-3A (ε = 61) were not successful. Based 

on these results, the LEC engine requires a relatively large nozzle to run the dual-expander cycle. 

A sensitivity analysis was performed over a more constricted solution space to determine the 

reason for this engine size constraint (to be discussed in section 4.4).  

4.2 Single Design Point Outputs 

 
The optimal point for model flexibility was chosen to provide the smallest L* and 

expansion ratio possible with reliable model convergence. This choice was also made to provide 

the smallest well-behaved engine keeping the optimal T/W ratio in mind. Again, this analysis has 

not yet been extended to examine T/W and will instead focus on engine size, which is directly 

proportional to weight. Table 4.1 below shows the design point chosen for the LEC engine. 

Table 4.1 LEC Single Design Point 

Design Point Parameter Chosen Design Point 
Gross Thrust 30,000 lbf 
Expansion Ratio 150 
Throat Area 26 in! 
O/F Ratio 5.88 
Characteristic Length 25 in 
Ox/Fuel Cooling Transition Expansion Ratio 15 
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Table 4.2 shows the key engine performance parameters calculated for the LEC at the 

design point indicated in Table 4.1. Corresponding values from the validation model and the 

latest RL10 engine variation, the RL10B-2, that the LEC seeks to replace are provided in the 

table for comparison. Unfortunately, a direct comparison with of the LEC engine to the RL10A-

3-3A is not possible since the LEC will not operate at the same expansion ratio as the RL10A-3-

3A. The RL10B-2, however, has comparably high expansion ratios with the nozzle extension 

deployed. The engine also operates at a similar thrust level and O/F ratio as the LEC.  

Table 4.2 Performance Comparison Between RL10A-3-3A Validation Model and LEC 
Engine Model 

Parameter RL10A-3-3A 
Validation Engine 

RL10B-2  
(with 

extension) 
LEC Engine %Difference from 

RL10B-2 

Isp 449.4 s* 465.5 s 492.9 s +5.89 
Pc 456.0 psia* 640 psia 550.0 psia -14.1 
Thrust 16,500 lbf 24,750 lbf 30,000 lbf +21.2 
Expansion Ratio 61.0 250 150 -40.0 
Throat Area 19.16 in2 22.04 in2 26.00 in2 +18.0 
O/F 5.50* 5.88 5.88 0.0 
Mass Flow Rate 36.71 lbm/s* 53.2 lbm/s 60.86 lbm/s +14.4 
De 39.28 in 83.76 in 70.5 in -15.8 
Le 59.7 in 163.2 in 78.3 in -52.0 
 

 When comparing the LEC engine and the RL10B-2, the problem again arises that the 

expansion ratios are not equal. However, it may be observed that the Isp of the LEC is 

excessively high when compared to other engines of the same thrust class. This is due to the 

large expansion ratio requirement of the LEC as discussed previously. Convergence of the LEC 

model at expansion ratios of 250 is well behaved. However, increasing the expansion ratio to 250 

while holding the thrust constant will serve only to add excess nozzle weight to the engine. 

Despite the inconsistency in expansion ratio, a general comparison is still possible. It may be 

seen from the table that the LEC engine produces >20% more thrust than the RL10B-2 with a 
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15.8% smaller overall engine diameter and a 52% reduction in engine length. This result is true 

despite the excessively high LEC Isp due to excess expansion ratio. Therefore, while the LEC is 

not performing at its potential ideal T/W ratio, the engine performance is still predicted to exceed 

the RL10B-2. From the table it may be noticed that the chamber pressure for the RL10B-2 is 

14.1% greater than LEC chamber pressure. This result is likely due to the choice in design point 

throat area. It will be shown in the sensitivity analysis that the chamber pressure is highly 

dependent on the throat area. 

4.3 Cooling Jacket Profiles and Cycle Fluid Static Properties  

 
Figures 4.2 and 4.3 below show the static pressure and temperature of fuel and oxidizer at 

each station throughout their respective expander cycles. It was assumed that the fuel and 

oxidizer start at the same tank pressure as indicated by the figure. It may be seen that the oxidizer 

operates at a higher pressure in the cycle prior to the cooling jacket. This result agrees with 

expectations considering the pressure constraints in the model and Eq. 2.45. It is required that the 

pressure at the injector be the same for both fuel and oxidizer. Considering only the density of 

the propellants, the lower density of LH2 when compared with LO2 means that the pressure drop 

per unit length will be higher for LH2 then LO2. However, since LOX must cool almost the 

entire length of the nozzle, the total length of cooling channels that LOX must pass through is 

sufficiently greater than the length of LH2 channels to cause the total pressure drop of LOX 

across the cooling jacket to be greater than the total pressure drop across the fuel-cooled section. 

The higher total pressure drop in the LOX jacket then requires that the pressure ratio across the 

LOX pumping section is higher than the fuel side to compensate for the greater pressure drop 

across the jacket. The difference in inflection of the fuel and oxidizer profiles in the jacket is due 

to the difference in geometry of the cooling sections. Though the stations are numbered the 
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same, the oxidizer passes through a section of the nozzle while the fuel passes through the throat 

and combustion chamber sections. For both cases, the pressure drop is greatest in the jacket at 

stations nearest to the throat. This trend agrees with the RL10 validation model. 

 

Fig. 4.2 Cycle Pressure Profiles for LEC Engine Design Point 

 
 The maximum pressure in the fuel cycle is approximately equal to the maximum 

pressure for the RL10. However, the total pressure drop for the LEC engine is nearly half the 

total jacket pressure drop of the RL10. This reduction in pressure loss agrees with predictions for 

the dual-expander cycle and is due to the reduction in length of cooling channels that the fuel 

must pass through. This reduction is particularly significant considering the increased size of the 

LEC engine over the RL10A-3-3A. 

Figure 4.3 below shows the propellant temperature profile prediction in the LEC engine. 

The plot shape is similar to that for the RL10 in Fig. 3.15. Most notably, however, the 

temperature (and therefore enthalpy) rise in the fuel cooling jacket is less than that for the RL10 
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by nearly 200R (~60% of the RL10 total temperature rise). This result is expected for the dual-

expander engine cycle since less power is required by the pump to run the cycle due to decreased 

pressure losses in the cooling jacket. This allows for less total heat pickup in the jacket to power 

the cycle turbine. It may also be noticed from the plot that the oxygen cycle operates at a 

consistently higher temperature from the tank to the injector. The trend is nearly identical to the 

fuel temperature profile with the exception of the bump included in the fuel profile near the 

throat location due to high wall temperatures. The LOX cycle also sees a greater pressure drop 

across the turbine (station 28) due to the fluid’s higher density. 

 

Fig. 4.3 Cycle Fluid Temperature Profiles for LEC Engine Design Point  

 
The wall temperatures for the chosen design point are depicted in Fig. 4.4. It may be seen 

in the plot that the chosen coolant transition expansion ratio of 15 corresponds to an axial 

location measured from the injector faceplate of approximately 20 in. The maximum temperature 

threshold is depicted in the plot at 1800 R. This value was determined considering the yielding 

strength of GRCop-84, a copper alloy optimized for high temperature strength and high thermal 

conductivity. Research performed by NASA Glenn shows that the yield strength of the alloy 
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reduces sharply at a temperature near ~1800 R11. Allowing the material to reach this point could 

result in structural damage and permanent deformation of the thrust chamber. From the plot, the 

maximum temperature occurs in a sharp spike at the throat location at 1831 R. This value for the 

chosen design point is just over the acceptable maximum wall temperature. For the refined 

solution space used to examine sensitivities (discussed in the next section) maximum wall 

temperatures were found to range from 1684 R to 1856 R. Therefore, most of the design points 

determined through individual perturbations in the four primary design variables yielded wall 

temperatures within the acceptable range. It is recommended that future design points be chosen 

for the LEC at one of the better-optimized design solutions found from this report. The optimized 

design point should reflect a maximum wall temperature further within the acceptable bounds. 

However, optimization of the model is beyond the scope of this research. The results of 

maximum wall temperature will be discussed in further detail in the sensitivity discussion.  

 

Fig. 4.4 Wall Temperature Profile for LEC Engine Design Point 
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 It is also evident from Fig. 4.4 that the maximum wall temperature within the oxidizer 

cooled section of the jacket is well below the temperature threshold. However, as the location of 

oxidizer cooling is moved closer to the throat, as may be desired in the event that more surface 

area is required for heat pickup in the LOX cycle, the wall temperature at the transition from 

LOX to LH2 cooling increases rapidly. The wall temperature at this transition location then 

becomes a key design constraint.  

Table 4.3 Cooling Jacket Results and Comparison with RL10 Model 

Parameter RL10A-3-3A Validation Engine LEC Fuel Cycle LEC Ox Cycle 
Total Pressure Drop 234.11 psia 114.7 psia 283.2 psia 
Total Temperature Rise 321.7 R 123.3 R 133.9 R 
Total Heat Pickup 7366 Btu/s 4,369 Btu/s 4,953 Btu/s 
Total SA 6,609 in2 1,006 in2 15,405 in2 
Max Wall Temp 1531 R 1,831 R 813.2 R 

 
Table 4.3 above provides a summary of the cooling jacket characteristics and performance 

for the LEC engine in comparison with those found by in the NPSS RL10A-3-3A validation 

model.  

4.4 Performance Sensitivity Analysis 

 

Table 4.4 LEC Refined Solution Space 

Design Point Parameter Range Examined 
Gross Thrust 30,000 lbf 
Expansion Ratio 120 - 180 
Throat Area 25.4 - 30 in! 
O/F Ratio 5.88 
Characteristic Length 25 – 35.2 in 
Ox/Fuel Cooling Transition Expansion Ratio 8 - 18 

 

Table 4.4 above shows the refined solution space used to perform the sensitivity analysis. 

The refined space was determined by examining the behavior of the model at points with a high 
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density of converged solutions, indicating flexibility of the model with changes in the design 

point variables. Step sizes were chosen to provide higher resolution to the trends examined. In 

order to examine the effects of changing one of the design variables on the engine performance 

parameters, it was necessary to hold the remaining three constant at the values indicated in Table 

4.1.  

Figure 4.5 below shows the sensitivity of chamber pressure and required pump pressure 

rises to changes in throat area. As shown in the figure, reducing throat area increases the required 

chamber pressure to generate the constant required thrust of 16,500 lbf. The chamber pressure is 

seen to be highly dependent on throat area. Reducing the throat area from 30 to 25.4 in2 results in 

a chamber pressure rise of nearly 100 psia. The chamber pressure is affected by other design 

variables as well. Increasing the thrust chamber size serves to reduce the chamber pressure for a 

constant throat area because of the increased pressure drop in the cooling jacket. Chamber 

pressure is a weak function of other design parameters, however. Thus, only the throat area 

sensitivity is provided in this discussion. It may be noticed from the figure that the required 

pump pressure rises for the fuel and oxidizer side are actually more sensitive to changes in throat 

area than the chamber pressure, evidenced by the steeper slope of the pump pressure ratio curves 

when compared to the plot of chamber pressure. This increased sensitivity of the pump pressures 

is due to pressure losses occurring in the cycle plumbing.  
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Fig. 4.5 Chamber Pressure Sensitivity to Throat Area 

 
Figure 4.6 below better exhibits the dependence of engine size on the nozzle expansion 

ratio. It may be seen from the figure that the engine diameter and length increase at 

approximately the same rate with increasing nozzle expansion ratio. An increase of 20 in 

expansion ratio causes an increase of ~5.0 in for both length and diameter and, thus, a significant 

increase in engine weight.  
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Fig. 4.6 Engine Size Sensitivity to Expansion Ratio 

 
 Examining figure 4.7 below, it may be seen that the LEC Isp does not drop below 

approximately 490s throughout the solution space examined for the LEC in this research. From 

Eq. 2.15, Isp depends directly on the nozzle expansion ratio for a given thrust and O/F ratio. At 

the chosen design point, an increase in expansion ratio of 100 causes an increase of 

approximately 10 seconds in vacuum Isp. For the entire solution space examined the minimum 

Isp was determined to be 487s corresponding to 30 in2 throat area and an expansion ratio of 100. 

Increases in throat area cause a relatively small shift downward of the Isp curve. The minimum 

acceptable Isp of 487s is reflective of the inability of the LEC engine to operate at expansion 

ratios less than 100s. Given the excessively high Isp ranges, it is then probable that the current 

configuration of the LEC engine is unable to achieve the optimum T/W (engine size) vs. Isp 

balance. To understand why the engine requires a relatively large expansion ratio and, thus, 

engine size, the relationship between the expansion ratio and cooling jacket heat transfer must be 

examined. 
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Fig. 4.7 Vacuum Specific Impulse Sensitivity to Expansion Ratio 

 
 Figure 4.8 shows the relationship between the heat pickup in the oxidizer- and fuel-

cooled sections of the jacket and the nozzle expansion ratio. As can be seen in the figure, 

adjustments in expansion ratio serve to directly control the total oxidizer heat pickup while the 

fuel total heat transfer remains largely unchanged. This is due to the locations of the fuel and 

oxidizer jacket respectively. The fuel cooling jacket focuses on cooling the throat and thrust 

chamber. A relatively small portion of the nozzle is cooled by fuel, and that portion is near the 

throat at small radii. Thus, changes in radii affected by nozzle expansion lead to proportionally 

small changes in cooling surface area compared to locations further down the nozzle from the 

throat at larger radii. The oxidizer cooling jacket cools the remainder of the nozzle and, thus, 

changes in nozzle expansion ratio have a profound impact on the heat transfer surface area, as 

evidenced by the total heat transfer trend shown in Fig. 4.8. It should be noted that the decrease 

in fuel heat pickup is caused by a small reduction in cycle mass flow rate. This reduction in mass 

flow is effected as a result of the expansion ratio increase and required thrust constraint. 
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Increases in expansion ratio increase Isp and, for a constant thrust, require a reduction in mass 

flow according to Eqs. 2.15 and 2.16. 

 

Fig. 4.8 Jacket Heat Pickup Sensitivity to Expansion Ratio 

 
The key conclusion that arises from the examination of heat pickup with increasing 

expansion ratio is that the NPSS model essentially uses the nozzle expansion ratio as a control to 

ensure that the oxidizer cooling jacket gets the necessary surface area needed to provide the 

required total heat pickup to run the LOX expander cycle. This result sheds light on the 

expansion ratio limitations of the LEC engine and the correspondingly excessive Isp. It is evident 

that the LEC engine is unable to achieve the required heat transfer in the jacket without a 

sufficiently high expansion ratio and resulting engine size. This conclusion introduces a critical 

design limitation to the LEC engine maximum thrust. As the design thrust level of the engine is 

increased, the size of the nozzle will need to increase proportionally to supply the surface area 

required to run the oxidizer cycle. Eventually the T/W requirements or engine size constraints 

will be violated for increasing thrust level. This limitation is comparable to the “square-cubed” 
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rule discussed previously for the single-expander cycle. In order to fully examine the 

significance of this limitation for the LEC engine, more precise information regarding LOX heat 

transfer must be gathered. As explained previously, the RL10A-3-3A model was used to scale 

the heat transfer in the fuel cooling jacket and the hot-side of the oxidizer jacket. However, the 

cold-side heat transfer scale factor was assumed to be 1.0 for LOX heat transfer. If this 

assumption does, in fact, prove to be overly optimistic, even higher surface area and 

corresponding nozzle expansion ratios will be needed to operate the LEC, potentially reducing 

the feasibility of the engine concept. 

 

Fig. 4.9 Surface Area Ratio vs. Expansion Ratio 

 
 Figure 4.9 above serves to illustrate the relationship between the fuel and oxidizer 

required surface areas for increasing expansion ratio. From the figure, it may be seen that the 

oxidizer surface areas range from approximately 12 to 26 times the fuel cooling surface area. 

This difference in magnitude of surface areas is primarily due to the significantly smaller heat 

capacity of O2 when compared with H2 as discussed previously. Additionally, as depicted in 

Fig. 4.9, the region cooled by LOX experiences significantly cooler wall temperatures than the 
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fuel section. By the equations discussed in chapter 2, cooler wall temperatures reduce the heat 

transfer and resulting total jacket heat pickup.  

 Figure 4.10 shows the sensitivity of total heat pickup in the fuel and ox-cooled sections 

for changes in L*. Similar to nozzle expansion ratio and oxidizer surface area, L* serves to 

directly control the amount of surface area available to the fuel expander cycle for heat transfer. 

The surface area and, thus, heat transfer for the oxidizer side remains unaffected since L* only 

pertains to stations prior to the throat location in the combustion chamber as discussed in chapter 

2. The LEC engine performs well within the range of L* values recommended for bell nozzles22. 

The ability of the LEC engine to operate at L* values below typical values of 30-40 illustrates 

that the fuel cooling jacket surface area is adequate for the demands of the dual-expander cycle 

engine. 

 

Fig. 4.10 Jacket Heat Pickup Sensitivity to L* 

 Figures 4.11 and 4.12 show the sensitivity of oxidizer and fuel heat pickup to changes in 

the location of the transition point along the nozzle from LOX to LH2 cooling. The acceptable 

range of the transition expansion ratio was determined from the trade study to be between 8 and 
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18. Expansion ratio was used rather than iterations of axial location due to the requirement that 

the transition point be scaled with changes in size of the nozzle corresponding to the throat area 

and nozzle expansion ratio design variables. It should be noted that the apparent convergence of 

the fuel and ox total heat pickups to the same value at approximately 4600 in2 is purely 

coincidental. The range of transition expansion ratios is instead constrained by the required 

surface areas of the oxidizer or fuel side individually. As εtrans is increased, oxidizer heat pickup 

and surface area is reduced according to Figs. 4.11 and 4.12 until too little heat pickup is 

available to run the oxidizer power cycle. Conversely, the fuel heat pickup decreases with 

decreasing εtrans until the fuel expander is starved of heat regeneration. The total heat pickup 

along the thrust chamber decreases as the transition point moves down the nozzle despite the 

total surface area remaining unchanged. This further exhibits the inferior heat transfer qualities 

of LOX when compared to LH2. 

 

Fig. 4.11 Jacket Heat Pickup Sensitivity to LOX/LH2 Cooling Transition Location 
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Fig. 4.12 Jacket Surface Area Sensitivity to LOX/LH2 Cooling Transition Location 

 
 Additionally, another constraint exists for the cooling transition expansion ratio. When 

adjusting the transition point, the maximum wall temperature must be examined for both the fuel 

and oxidizer cooling jackets. For the design point considered, Fig. 4.13 shows the maximum wall 

temperatures calculated over the range of transition expansion ratios. As εtrans is increased, the 

maximum temperature for the fuel jacket at the throat only slightly increases. This result is in 

agreement with expectations since the throat remains cooled by the fuel for εtrans >1. It was found 

that the LEC would not operate at εtrans < 5 for the trade space examined due to inadequate heat 

transfer in the fuel jacket. Observing the maximum oxidizer wall temperature, it may be seen that 

the maximum wall temperature increases as the boundary of the oxidizer jacket approaches the 

throat. For the trade space examined, the max wall temperature in the oxidizer jacket does not 

come close to exceeding the maximum permissible temperature. However, if a model was 

constructed which, perhaps, used a large L* to provide additional surface area to the fuel cooling 
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jacket, allowing further reduction in εtrans to values approaching 1, it is likely that the maximum 

overall wall temperature will reach a maximum in the oxidizer cooling section after the throat 

before the throat location reaches the critical temperature. Only slight increases in throat wall 

temperature are observed for increasing εtrans. This slight increase is due to the raised temperature 

of the fuel coolant at the throat location from passing through increasing lengths of coolant 

channels downstream of the throat. 

 

Fig. 4.13 Max Wall Temp vs. LOX/LH2 Cooling Transition Location 

 
 Finally, the sensitivity of jacket pressure drops was examined for changes in coolant 

transition point. As shown in Fig. 4.14, the fuel total pressure drop increases at a greater rate than 

the oxidizer pressure drop decreases. This result agrees with Eq. 2.45 (D-W) and conclusions 

drawn for the jacket pressure profiles for the single design point condition. The lower density of 

hydrogen increases the pressure drop per unit length of cooling channel when compared with 



 

 
 

114 

LO2. This quality of LH2 pressure loss leads to a corresponding rise in the total jacket pressure 

drop for increasing εtrans.  

 

Fig. 4.14 Jacket Pressure Drop Sensitivity to LOX/LH2 Cooling Transition Location 

 
 From the sensitivity analysis, the significance of the nozzle expansion ratio, coolant 

transition expansion ratio, and characteristic length is clearly seen. These three design point 

parameters may be adjust nearly independently to control the available fuel and oxidizer surface 

areas and corresponding heat transfer to operate the LEC Engine. Transition expansion ratio will 

serve as a key parameter to allow for minimization of total thrust chamber surface area and 

engine size for an optimal Ox/Fuel surface area ratio. This optimization, however, goes beyond 

the scope of this analysis but should be performed in future investigations of the LEC engine and 

attempts to optimize the engine design T/W ratio. Throat area has been shown through the 

sensitivity analysis to be useful primarily in controlling the design pressure ratio and overall 

engine size. 
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5 CONCLUSION AND RECOMMENDATIONS 

 

5.1 Research Conclusions 

This research successfully used the NPSS propulsion system simulation software to 

develop steady models for an RL10A-3-3A engine and the theoretical LEC engine. The RL10 

model exhibited good agreement with a modeling effort performed at NASA Glenn for the 

RL10A-3-3A that directly referenced experimental data and design drawings provided by the 

engine designer and manufacturer, Pratt and Whitney Rocketdyne. The use of the verified RL10 

steady-state model proved invaluable in validating cooling jacket heat transfer and pressure loss 

scale factors applied to the LEC engine. LEC modeling techniques borrowed from previous 

research performed using NPSS at AFIT on the DEAN engine concept. The dual-expander 

aerospike concept was applied to a bell nozzle geometry in this research to better examine the 

potential performance benefits of adding the LOX expander cycle to traditional expander cycle 

engines. The use of a bell nozzle geometry also allows for closer comparison with existing 

engines and the RL10 validation model.  

Results found for the LEC engine in this research indicate great potential for the dual-

expander concept. When compared with the RL10B-2, the most similar, actively flown engine in 

terms of thrust class, size, and propellants, the LEC offers improved thrust and vacuum specific 

impulse for a significantly reduced engine size and corresponding expansion ratio. For the 

particular LEC engine design point chosen, the engine diameter and length were found, 

respectively, to be 15.8% and 52.0% reduced from the RL10B-2 with nozzle extension deployed.
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This significant reduction in size occurred despite the LEC’s 21.2% greater thrust and 

40% reduced expansion ratio compared to the RL10B-2. With the current assumptions regarding 

LOX heat transfer, it is the conclusion of this research that the LEC engine modeled shows 

sufficient promise for replacing aging RL10 single-expander technology to warrant further 

investigation of the dual-expander bell nozzle concept.  

As a result of this research, it was determined that the relatively poor heat-transfer 

properties of LOX do, as suspected, cause significant increases in required engine size and a 

corresponding reduction in T/W for a bell nozzle geometry. This engine size deficiency is 

reflected in the predicted engine performance by an unusually high Isp found to be greater than 

490s for the LEC design point examined in this research effort. While the engine size of the 

current LEC model fits well within the envelop desired by NASA and the Air Force for an RL10 

replacement, experimental research that finds the heat transfer properties of oxygen to be less 

than the potentially optimistic assumptions made in this research could reduce the T/W of the 

LEC engine or increase the engine size to unacceptable levels. Considering the potential benefit 

of the proposed LEC engine, however, the remaining uncertainties in the model must be 

examined in further detail. 

5.2 Research Significance 

 
This research effort developed a dual-expander bell nozzle engine concept using NPSS. 

Similar modeling efforts for dual-expander cycles have focused on aerospike geometry while this 

research sought to determine the potential performance benefits or additional design constraints 

for bell nozzle geometry. Preliminary investigations into dual-expander technology have 

identified the potential of the engine cycle to boost Isp, T/W, chamber pressure, and engine size 

proportionally. This research confirmed the performance potential of the LEC model with a 
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steady-state RL10A-3-3A model as validation. The LEC model offers a 21.2% increase in engine 

thrust with nearly half the engine length. This reduced engine size translates to significant engine 

weight savings, which means vastly improved cost in sending payloads to orbit. The developed 

LEC dual-expander engine fits the desired specifications to replace dated, but venerable RL10 

technology on today’s rockets and shows the potential to greatly enhance the performance of 

launch systems in the U.S.  

5.3 Recommendations for Future Work 

 
LEC Transient Model 

 The LEC model developed by this research only examines the steady-state performance 

of the engine. Future research efforts should strive to increase the depth of the model to cover the 

engine startup and shutdown scenarios. A few NPSS elements will need to be added to the 

existing model to account for the purge valves at the pump inter-stages. Additionally, pump and 

turbine efficiencies will no longer be constant. Constant inputs currently assigned to the 

corresponding NPSS elements will need to be replaced with performance maps linked to the 

element socket ports. 

T/W Performance Analysis 

  As previously stated, this research did not provide weight estimation for the developed 

LEC engine. To further substantiate the LEC performance potential, a dynamic weight 

calculation will need to be included in the model. This will require the researcher to assign 

materials to various structural components of the engine. A future examination of T/W is 

particularly important for the future of this LEC research given that the nozzle size has been 

identified as a potential limiting factor due to the required high thrust chamber surface areas and 

corresponding expansion ratio. 
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Model Optimization 

Optimization was not performed on the LEC engine developed in this research. This 

research has identified key design parameters that should be optimized to yield the ideal LEC 

engine design point. Particularly, optimal values exist for the coolant transition location, 

expansion ratio, and L* (discussed in chapter 4) that must be examined in greater depth to 

determine the smallest LEC engine possible that is still able to supply the necessary heat pickup 

to the dual expander cycle. ModelCenter is one optimization software package used with success 

by previous researchers of the DEAN concept.  

Experimental LOX Heat Transfer Research 

It is absolutely vital to substantiate the claims of this research and previous research done 

for the DEAN concept to determine the heat transfer properties of LOX at the temperature and 

pressure ranges predicted for coolant within the LOX cooling jacket. An experimental approach 

similar to that used by Spencer involving a pressurized tube heated by electrical resistance is 

recommended for preliminary study. Determination of the appropriate heat transfer coefficients 

used in the Colburn equation discussed in chapter 2 is of paramount importance, as is the 

determination of the appropriate heat transfer scale factor for LOX cooling.  

Improvement of Heat Transfer Analysis 

 Heat transfer calculations performed by NPSS are limited by a 1D assumption. The error 

in this assumption is evidenced in part by the extreme heat transfer scale factors of 0.56 and 0.9 

needed to match experimental RL10 heat transfer data as discussed in chapter 3. To more 

accurately account for the complexities of the heat transfer in the cooing jacket, computational 

fluid dynamics must be applied. 
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 Additionally, as discussed in chapter 3, significant improvements in wall temperature 

profile resolution are possible through the use of a hybrid method of assigning multiple cooling 

nodes to a single CV element as was done by the NASA LeRC team. Optimization of the cooling 

jacket resolution will depend on requirements for resolution of static coolant property 

determination with the cooling jacket, wall temperature resolution, and computation time. 

Method of Characteristics to Dynamically Determine Nozzle Geometry 

 Currently, the geometry of the LEC nozzle is based on scaled RL10 nozzle profiles as 

discussed in chapter 3. While a much better estimation than a conic nozzle, this method of 

scaling does not yield the ideal nozzle shape. It is possible to include a method of characteristics 

solution for the optimal bell nozzle geometry in the NPSS script input files. The research effort 

should strive to allow the geometry to be dynamically updated for changes in design point 

variables such as throat area and expansion ratio. 
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APPENDIX A: NPSS Elements Used35 

 
Element Starter 

 

The Starter element serves as the source for a fluid stream in the engine cycle. The 

typical purpose of this element, and the purpose in this project, is to model the fuel and oxidizer 

tank conditions at the start of the engine cycle. The element requires that the user supply the 

composition of the fluid as well as the static conditions. The user also has the option to specify a 

fraction of helium present in the flow and an oxidizer fraction for mixed streams (the default 

value for these inputs is zero).  

Variable Description Units IO Status 
comp Flow composition None In 
HeFR Helium fraction None In 
OFR Oxidizer fraction of flow None In 
Pt Total pressure psia In 
Tt Total temperature R In 
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Element Valve04 

The NPSS pre-programmed element Valve04 is intended to model a simple orifice. The 

element consists of one fluid input port and one fluid output port. In this project, Valve04 

elements were the primary elements used to calculate pressure losses occurring in the plumbing 

of the LEC engine and the RL10 validation model. In the model diagram (see Fig. 3.18), these 

elements are referred to and treated as ducts. The RL10 model incorporates 27 Valve04 elements 

to model pressure losses and the LEC model includes 56 (28 each for the oxidizer and fuel side). 

The following table gives the required input and output variables for the Valve04 element (taken 

from the NPSS User Guide).  

Variable Description Units IO Status 
Across Cross-sectional area in! In 
Cd Discharge coefficient None In* 
Cf Friction coefficient None Out 
dPt Pressure loss psia Out 
K K factor None In 
W Mass flow lbm/s Out 

 

As seen in the table, the user must supply the element with the appropriate cross-sectional 

flow area and the relevant K pressure loss factor. The default discharge coefficient is 1.0. 
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Element CoolingVolume02 

 

The CoolingVolume02 modified NPSS element is used to model the state of the flow 

throughout the engine cycle. CoolingVolume elements serve as the link between the fluid cycle 

and heat added to the system. The element consists of an unlimited number of user-defined fluid 

input, output, and thermal output ports. These thermal output ports may then be connected to hot 

wall elements to determine the amount of heat pickup in cooling channels. A combination of 

CoolingVolume elements used in conjunction with Valve04 elements allows for the full 

determination of the fluid state properties and pressure drops throughout a fluid stream. 29 of 

these elements were used to model the RL10 engine and 60 (30 each for the fuel and oxidizer 

side) were used to model the LEC engine. CoolingVolume elements are also needed before and 

after turbomachinery modeling components to capture the change in state across those elements, 

such as static pressure change or enthalpy change. 
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Variable Description Units IO Status 
Aphys Cross-sectional area in! In 
comp Fluid Composition  In* 

drhotqdt Time derivative of density 
lbm
ft!𝑠 Out 

dutqdt Time derivative of internal energy 
Btu

lbm ∗ s 
Out 

ht Specific enthalpy Btu/lbm Out 
HtIn Total energy in Btu/s Out 
HtOut Total energy out Btu/s Out 
HxPorts Thermal ports array  In* 
inportList Array of fluid input ports  In* 
n_channels Number of cooling channels None In 
outportList Array of fluid output ports  In 
Pt Total pressure psia Out 
Qext External heat transfer Btu/s In 
Qnet Net heat out Btu/s Out 
rhot density lbm/ft! In 
S_Qnet Scale factor for heat transfer None In 
ut Specific internal energy Btu/lbm In 
volume Volume in! In 
Wavg Average mass flow lbm/s Out 
Win Total mass flow in lbm/s Out 
Wout Total mass flow out lbm/s Out 

 

As seen in the table provided, the user must supply the element with the initial state of the 

fluid volume at each particular station. Particularly required are the initial enthalpy and pressure 

along with the station volume, fluid composition, and also the representative cross-sectional area 

of the fluid passing through the volume. For instance, Aphys for a station located in the cooling 

jacket is represented by the summation of the individual cross-sectional flow areas of the cooling 

jacket tubes. Each CoolingVolume02 element contains the default independent variables total 

pressure and total specific enthalpy. These two flow parameters are adjusted by the element’s 

internal solver until conservation of mass and energy are satisfied within the element station. 
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Element Pump02 

 

The Pump02 modified NPSS element is used to model the engine pump. Each element 

has one fluid input port, one fluid output port, and one shaft output port. There is also a socket 

port that may be used to receive pump map data. These pump maps contain profiles of pump 

head vs. RPM as well as torque and efficiency profiles. This type of socket data is only helpful 

when performing transient simulations, when the pump efficiency, head, and torque is not 

constant. However, this research project only covers steady-state operating conditions, allowing 

the socket input for pump and turbine elements to be left empty. Pump02 is a modified NPSS 

element that varies weight flow until the desired calculated exit pressure is achieved.  

Variable Description Units IO Status 
dht Change in enthalpy Btu/lbm Out 
gearRatio Gear ratio None In 
head Pump pressure head in Out* 
Nmech Rotational speed RPM Out 
Nrad Rotational speed rads/s Out 
PR Pressure ratio None Out 
PtOut Final exit pressure psia Out 
PtOutI Initial exit pressure psia Out 
rhoOut Outlet density lbm/in! Out 
trq Torque ft-lbf Out* 
Wflow Weight flow lbm/s In 
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The user must supply an initial weight flow to the station. Additionally, for steady-state 

conditions, the pump efficiency, gear ratio, and pressure ratio are also set for steady-state 

conditions. From this initial data and varying weight flow, the pump element determines the 

amount of shaft power required. This information is then relayed through the shaft output port to 

the Shaft NPSS element (discussed later) that serves as the mechanical connection between the 

pumps and turbines. 

Element CavVenturi 

 

The CavVenturi NPSS element is used to model the Cavitating Venturi orifice present in 

the rocket engine cycle before the turbine. This element requires similar input to the Valve04 

element, cross-sectional flow area (the throat area of the Venturi) and a loss coefficient.  The 

primary difference between the CavVenturi and Valve04 elements is that the Venturi element 

accounts for saturation conditions in the fluid stream and also outputs pressure information 

specifically at the throat location of the Venturi. 

Variable Description Units IO Status 
Aflow Flow area in! In 
K Head loss coeff. None In 
Psat Saturation pressure psia Out 
PtTh Throat pressure psia Out 
PtThRec Throat pressure from input psia Out 
W Mass flow lbm/s Out 
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Element Turb03 

 

The Turb03 modified NPSS element is used to model the turbine performance in rocket 

engine cycles. These elements are nearly identical in structure to pumps. The key difference is 

the sign of the work output relayed through the shaft output port and the difference in the 

pressure ratio across the turbine (pressure drop instead of rise). As with the pump element, the 

Turb03 element includes a socket port for turbine map input, but this socket feature was not used 

in the steady-state analysis performed in the research. 

Variable Description Units IO Status 
dht Change in enthalpy Btu/lbm Out 
dhtIdeal Ideal enthalpy change Btu/lbm Out 
eff Efficiency None In* 
gearRatio Gear ratio None Out 
Nmech Rotational Speed RPM Out 
Nrad Rotational Speed Rads/s Out 
PR Pressure ratio None Out 
pwr Overall power hp Out 
trq Shaft torque ft*lbf Out 
Wflow Weight flow lbm/s In* 

 

As with pump elements, the user must supply an initial weight flow to the station. 

Additionally, for steady-state conditions, the pump efficiency, gear ratio, and pressure ratio are 

also set as constant, initial inputs to the model. The exit conditions at pump discharge are 
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determined from these user inputs and/or from parameters calculated by NPSS sub-elements 

such as socket maps or previous flow stations. 

Element Shaft 

 

The shaft element models the mechanical linkages between the turbomachinery in the 

engine cycle. The user defines the shaft input ports that correspond to the shaft output ports of 

pumps and turbines. The element then provides a power balance for all of the shaft components 

connected to it. This is accomplished by the element’s internal solver, which varies the shaft 

mechanical speed until the turbine power is equal to the power required by the pumps to achieve 

the desired pressure ratios. 

Variable Description Units IO Status 
HPX Horsepower from shaft hp In 
Nmech Shaft speed RPM In 
dNqdt Derivative of speed w.r.t time RPM/s Out 
fracLoss Fractional loss of torque None In 
inertia Inertia of the shaft Slug-ft! In 
inertiaSum Total inertia of shaft and components Slug-ft! Out 
pwrIn Total of positive power hp Out 
pwrNet Total of all shaft power hp Out 
pwrOut Total of negative power hp Out 
shaftPortList Array of shaft ports  In* 
trqIn Total of positive torques ft-lbf Out 
trqNet Total of all torques ft-lbf Out 
trqOut Total of negative torques ft-lbf Out 

 
Aside from declaring ports, the user must also supply the shaft element with initial values 

for shaft speed, inertia, and fractional loss. As explained previously, element inputs have default 
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values in the event that they are not set by the user. This allows the model to run despite lacking 

some of the inputs. In this project, only the ports were declared with the other shaft initial values 

being set to default.  

Element Wall2 

 

Similar to the Shaft element’s function as a hub for Shaft output from other elements, the 

Wall2 element receives thermal output from elements such as CoolingVolume02, 

RocketNozzle02, and RocketComb1. The Wall2 element then balances the thermal inputs until 

thermal equilibrium is achieved. This element is particularly useful in modeling the cooling 

jacket wall and heat transfer occurring along the walls of the thrust chamber. 

Variable Description Units IO Status 

Cp Specific heat capacity 
Btu

lbm ∗ R Out* 

dTqdt Time derivative of temp R/s Out 
HxPorts Array of thermal ports  In* 

k Thermal conductivity 
Btu
in ∗ R Out* 

mass Mass lbm Out 
Qin Heat flow in Btu/s Out 
Qnet Net heat flow Btu/s Out 
Qout Heat flow out Btu/s Out 
Rho Density lbm/in! Out* 
T Temperature R In 
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For a provided initial temperature, the element will vary temperature until thermal 

equilibrium is achieved. The output of this element provides the amount of thermal energy stored 

by the wall metal, including the steady-state temperature and mass of the metal. 

Element RocketComb1 

 

 The NPSS element RocketComb1 is used to combine and combust separate fuel and 

oxidizer flows, which are the fluid inputs to the element. The fluid output state is determined by 

combustion calculations that the element performs internally. These combustion products are 

then supplied as fluid input to the nozzle element. An unlimited number of thermal output ports 

may be declared for the element, which is used in relaying heat transfer information used in 

calculating the thrust chamber wall temperature and the heat pickup of the coolant in the cooling 

jacket. Each of these thermal outputs requires its own set of initial inputs, namely the station heat 

pickup surface area and the cross-sectional area of the flow in the chamber at that point. Heat 

transfer calculations that the element performs internally are based on Bartz equation (see 

chapter 2). 
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Variable Description Units IO Status 
Atc Cross-sectional area in! Out 
comp Fluid composition None In 
dOFRqdt Time derivative of OFR 1/s Out 
dRqdt Time derivative of pressure psia/s Out 

drhoqdt Time derivative of density 
lbm
in! ∗ 𝑠 In 

dTqdt Time derivative of temperature R/s Out 
Ein Incoming internal energy lbm*R/s Out 
Eout Outgoing internal energy lbm*R/s Out 
htMix Mixture specific enthalpy Btu/lbm In 
HxPortsList Array of thermal ports  In 
OF Oxidizer/Fuel ratio None Out 
OFR Oxidizer fraction of reactants None In 
Pt_tc Total pressure at injector psia Out 
Q Heat transfer rate Btu/s Out 
radius_tc Chamber radius in In 
s_Q Heat transfer scalar None In 
Tt_tc Avg. hot gas temp R Out 
volume Volume of chamber in! In 
Winj Injected weight flow lbm/s Out 
Wnozzle Exit mass flow lbm/s Out 

 

From the table above, it may be seen that the user must supply the element with 

information regarding the geometry of the chamber, the initial oxidizer fraction of reactants, and 

also the composition of the reactants. The RocketComb1 internal solver then uses default 

independent and dependent variables to alter the OF ratio, exit pressure, and combustion 

temperature until mass and energy equilibrium is satisfied. It is important to note that the solver 

does not account for changes in exit conditions due to heat transfer occurring across the walls of 

the chamber. The change in energy content of the exhaust gasses is assumed to be insignificant. 
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Element RocketNozzle02 

 

RocketNozzle02 is a modified NPSS element used to calculate the performance 

parameters of a rocket nozzle. These parameters are calculated internally by the element using 

the compressible flow relations discussed in chapter 2. The element includes one fluid input port, 

typically to accept the output from the combustion chamber element. There is no flow output 

port as the RocketNozzle02 also serves to terminate a flow stream. Like the RocketComb1 

element, the nozzle may be assigned an unlimited number of thermal ports to model the heat 

transfer to the cooling jacket.  

Variable Description Units IO Status 
AR Area ratio None In 
Ath Throat area in! In 
Cf Thrust coeff. None Out 
Cfp Ideal thrust coeff. None Out 
ClossReal Correction of Cf including losses None Out 
Fg Gross thrust lbf Out 
FPcalc Flow parameter None Out 
FPexit Flow parameter at exit None Out 
FPth Flow parameter at throat None Out 
HxPortList Array of thermal ports  In* 
Isp Specific impulse 1/s Out 
MNexit Mach at exit None Out 
PR Pressure ratio None Out 
PRchoke Critical pressure ratio None Out 
PRexit Exit pressure ratio None Out 
Ps Ambient pressure psia In 
Q Heat transfer rate Btu/s Out 
realLossCoef Loss coeff. (everything except expansion) None In 
S_Q Heat transfer scalar None In 
W Weight flow lbm/s Out 
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The user must supply the geometry of the nozzle as inputs. Specifically, the expansion 

ratio and throat area must be supplied. Using these inputs, the element calculates the thrust, Isp, 

and other performance parameters directly using the method discussed in chapter 2. As for the 

combustion chamber, the cross-section flow area in the nozzle must be supplied as an input to 

each heat transfer port. This requires the geometry of the profile to be known at each thermal 

station. It is important to note that NPSS assumes that the flow at the nozzle throat is always 

choked, which has important implications for L*. 

 



 

 
 

138 

APPENDIX B: NASA LeRC RL10 Modeling Effort Output6 
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APPENDIX C: Propellant State Properties from NIST 
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